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Hypersonic air-breathing propulsion systems, such as supersonic combustion ramjets (scramjets), 
are a key technology for the future of high-speed civil transportation, low-cost access to space, and 
national defense. A major problem affecting scramjets at lower Mach numbers is inlet unstart, 
described as the disgorging of the shock system from the intake of the engine. One of the possible 
causes of unstart is flow choking, occurring when sonic conditions are reached at some location 
downstream of the inlet. Downstream flow choking is an extremely complex phenomenon still not 
completely understood. The present work aims to provide a better understanding of choking-
induced unstart by analyzing how this condition develops in an axisymmetric scramjet geometry. 
A preliminary part of this work has been dedicated to the design and characterization of a small-
scale, pulsed, arc-heated hypersonic facility at the University of Illinois at Urbana-Champaign. 
The new facility, designated ACT-II (Arc-heated Combustion Tunnel), is capable of providing 
high-enthalpy flow conditions for extended testing time (up to 1 second). ACT-II was revealed to 
be an ideal facility to study choking-induced unstart that, occurring on a timescale of tens of 
milliseconds, is beyond the capabilities of conventional impulse facilities (shock tunnels, 
expansion tunnels, etc.). ACT-II can be operated in both direct-connect and free-jet modes and is 
optimized for laser diagnostics and flow/flame visualization. 
The first part of the study on unstart was dedicated to the investigation of the combustion-induced 
choking mechanism in a circular supersonic combustor. ACT-II was operated in direct-connect 
mode using ethylene as fuel. The combustion cases were compared with tests at the same 
conditions in which an inert gas (air) was injected instead of fuel to isolate the effects of 
combustion heat release. The study revealed that combustion heating has a negligible effect on the 
iii 
 
supersonic core, and that irreversibilities play a major role in lowering the Mach number of the 
flow in the combustor. 
In the second part of the work, the isolator flow of a free-jet scramjet model was studied at low-
enthalpy conditions. Simultaneous pressure measurements and condensed CO2 planar laser 
Rayleigh scattering (PLRS) visualization were used as diagnostic tools. Downstream choking, in 
this case, was induced by mass injection (nitrogen). This study provided an unprecedentedly 
detailed characterization of the unstart process. In response to the backpressure rise induced by 
mass injection, the flow in the isolator separates and a shock train develops. Under certain 
conditions, the shock-train undergoes an oscillatory motion accompanied by propagation of 
pressure waves throughout the model scramjet. 
The final part of the work addressed choking and unstart in the free-jet model scramjet at high-
enthalpy conditions. The purpose was to investigate similarities and differences between mass-
induced (injecting air) and combustion-induced (injecting ethylene) choking. The results show 
important differences in the shock-propagation dynamics through the combustor. Nevertheless, 
the isolator flow was not drastically affected by these differences and exhibited a similar behavior 
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Since the early days of aviation, engineers have dedicated a great amount of time and put forth 
strenuous efforts to build machines able to fly at faster speeds and at higher altitudes. Faster speed 
allows longer distances to be traveled in a short time; a need that in an increasingly modern, 
globalized world becomes more and more urgent. At the same time, flying at higher altitude where 
the atmosphere is thinner, reduces aerodynamic drag, thereby fuel consumption and mitigates the 
thermal loads on the vehicle surface, that become extremely severe at high speed. The collection 
of complex flow phenomena encountered when flight speed exceeds the speed of sound by 4 or 5 
times is referred to as hypersonic aerodynamics or aerothermodynamics. 
The possibility of hypersonic flight was demonstrated in the early 60s by the North American X-
15 that set record altitude and speed of 67 mi (107.8 km) and Mach 6.72, respectively. These 
records remain unbeaten for a manned, powered aircraft. The X-15 was powered by a rocket 
propulsion system and therefore both fuel and oxidizer needed to be stored on-board. Such a weight 
penalty is not acceptable for any hypersonic aircraft aiming to be manufactured and utilized for 
practical purposes. Therefore, in order to achieve sustained hypersonic flight, it is necessary to rely 
on a high-speed air-breathing propulsion system. The supersonic combustion ramjet (or scramjet) 
is believed to be the most promising candidate to accomplish this task. As a turbojet, a scramjet 
engine relies on the Brayton thermodynamic cycle (Figure 1.1b), but is conceptually much simpler 
(Figure 1.1a) [1-3]. Compression of the supersonic freestream is obtained by ram effect, partially 
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in the vehicle’s forebody and partially at the engine inlet. The compressed air is then mixed with 
the fuel, burned at supersonic speed in the combustor and expanded through a diverging nozzle to 
obtain thrust. Figure 1.1c shows a performance comparison, in terms of specific impulse versus 
flight Mach number, among several different types of propulsion systems. Scramjet becomes the 
most efficient propulsion system for flight speed above Mach 7 and still maintains a significant 






Figure 1.1 (a) Schematic of a scramjet engine and its main components [4]. (b) Corresponding Brayton 





Despite its conceptual simplicity, the design of a scramjet engine has proven to be an extremely 
challenging task. The scramjet idea was introduced in the late 50s as an evolution of ramjet engines 
[5-10]. The first theoretical fundamentals of scramjets are discussed in the seminal works by Ferri 
[11-13] and Billig [14-17]. Despite almost 70 years of research, a working full-scale prototype of 
a scramjet engine is still not available today. The reason resides in the many technological 
challenges that this propulsion system presents, which are highlighted below.  
 First, is the difficulty of achieving satisfactory fuel/air mixing to allow for an ignitable 
mixture within the short residence time of the combustor, typically on the order of a few 
milliseconds at most. 
 Transverse jets, vortex generators, shock waves, and several other methods have been used 
for mixing enhancement, but their positive effects are mitigated by the total pressure losses 
they introduce which reduce the overall efficiency of the engine [18].  
 Flame stabilization is another important aspect to consider. Typical flame-holding strategies 
in a scramjet combustor rely on low-speed recirculation regions, generated by cavities, steps, 
or blunt bodies, where a longer residence time allows to achieve complete mixing and stable 
combustion (see Section 6.5 of Ref. [3]). This low speed flame can be used to pilot a 
supersonic flame, through radical seeding and heat release. Despite these methods usually 
improving flame stabilization, they can only be optimized in a very narrow operational range. 
In off-design conditions, these flame stabilizers could be not only ineffective, but even 
detrimental because of the flow distortion and pressure losses introduced.  
 In a typical flight mission, a scramjet engine accelerates the vehicle from the take-over 
regime (Mach 4-5) up to cruise speed (typically Mach 10 or more) and therefore faces an 
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extremely wide range of varying flow conditions. The ability to operate efficiently over this 
entire range is an immense challenge for a scramjet design.  
 Further complications arise from the fact that a scramjet cannot takeoff or operate at low 
speed, and therefore, it is necessarily a second or even a third propulsion stage for a vehicle. 
This means that a scramjet must integrate and interface with the lower propulsion stages, 
possibly sharing air intakes and other subsystems in order to save space and weight on the 
vehicle.  
 Thermal loads on the inner surface of the engine are also of great concern. An accurate design 
of the channel shape is vital to avoid hot spots and possible failures. Regenerative cooling is 
often used, especially with liquid hydrocarbon fuels, with the double intent of 
vaporizing/cracking the fuel before injection and to keep the engine wall temperature under 
control [19-21]. At the same time, large efforts have been dedicated to the development of 
novel high-temperature, lightweight materials able to withstand prolonged exposure to 
intense thermal loads that are typical of a scramjet combustor.  
In recent years, the interest in scramjet propulsion has been renewed by the successful tests of 
scramjet-powered unmanned experimental vehicles. The first credited successful flight of a 
scramjet engine was conducted in 2002 by the University of Queensland (Australia), in the 
framework of the HyShot program. During the HyShot 2 mission, a hydrogen-fueled scramjet was 
ignited for 6 seconds at Mach 7.6 [22], demonstrating the possibility of supersonic combustion in 
flight. However, HyShot 2 was only a payload on a vehicle performing a parabolic flight and was 
not designed to provide thrust. The first sustained flight of a scramjet-powered aircraft was 
achieved by the NASA Hyper-X program in 2004. The X-43 (Figure 1.2a) completed two 
successful flights in which a hydrogen-fueled scramjet was fired for 11 seconds to cruise the 
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vehicle at Mach 6.83 and 9.65 respectively [23,24]. In recent years, liquid hydrocarbon-fueled 
scramjets have received an increasing interest. In 2010, the JP-7 fueled AFRL/Boeing waverider 
X-51A (Figure 1.2b) was able to achieve sustained flight at Mach 5 for a duration of 140 seconds 
[25]. A second successful flight in 2013, extended the powered flight time to 210 seconds. Another 
important step was accomplished by the HIFiRE-2 mission [26], where a gaseous mixture of 64% 
ethylene and 36% methane was used as a liquid jet fuel surrogate. The HIFiRE-2 scramjet was 
operated for about 12 seconds during which the vehicle was accelerated from Mach 5.5 to Mach 
8.5 by a rocket booster. This mission profile allowed the study of scramjets under a wide range of 
conditions from dual-mode to supersonic combustion.  
  
(a) (b) 
Figure 1.2 Artist’s portrayal of (a) NASA X-43A and (b) AFRL/Boeing X-51A. 
 
Applications of scramjet propulsion have been proposed in all major aerospace areas. In civil 
transportation, scramjet-powered hypersonic airplanes would allow a connection between any two 
major cities in the world in less than 2 hours. Scramjets would also allow low-cost access to space. 
The use of a completely re-usable scramjet-powered vehicle as intermediate stage of a three-stage 
launch system could potentially reduce the cost per kg to access low Earth orbit (LEO) by one 
third [27]. Scramjets have, of course, also important military and defense applications, like long-





1.2 Scope of Research 
Even with a proper design, a scramjet engine can suffer from an in-flight catastrophic phenomenon 
known as unstart. Unstart consists in the disgorging of the shock system from the inlet of a 
supersonic engine [1]. When this happens, a normal shock is formed in front of the inlet, causing 
large wave drag and flow spillage. The reduced air supply, the abrupt increase of temperature, and 
the large pressure losses have detrimental effects on the engine performance, leading to a complete 
loss of thrust. In 2011, a test flight of the experimental vehicle X-51 failed due to inlet unstart 
during the first instants after ignition [28]. Factors causing unstart can be both external (reduced 
Mach number, flow distortion, etc.) or internal (downstream choking of the flow) to the engine.  
The work presented in this dissertation aims to investigate the flow physics related to unstart 
induced by downstream choking. Two phenomena will be studied in particular, the mechanism of 
flow choking in a supersonic combustor and the dynamics of the isolator shock-train. 
 
1.2.1 Mechanism of choking induced by combustion heat release 
Choking in a supersonic ducted flow occurs when sonic conditions are reached at a certain location. 
Irreversibilities, wall friction, area blockage, mass and heat addition are all factors that can 
contribute to reduce the flow Mach number causing choking. Obviously, the lower the initial Mach 
number, the easier sonic conditions will be reached; and therefore, choking is most likely to occur 
in the low Mach number range, between 5 and 7, which is usually referred to as the scramjet take-
over regime. In this range, a scramjet engine operates more efficiently in dual-mode, with 
combustion occurring at both subsonic and supersonic speeds.  
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The first objective of the present work is to provide a better understanding of the choking 
mechanism in a supersonic combustor and to discern the role played by the combustion heat release 
on this effect. This investigation is conducted in a direct-connect circular combustor using ethylene 
as fuel.  
 
1.2.2 Shock dynamics and propagation 
Dual-mode combustion (subsonic and supersonic) has been proposed as a means to extend the 
operations of scramjets to lower Mach numbers (ideally between 4 and 5). The engine relying on 
this technology are denoted as dual-mode scramjets (DMSJ) and are characterized by the presence 
of a constant area channel between inlet and combustor known as constant area diffusers or 
isolators. The main purpose of the isolator is to contain the train of shocks that in these conditions 
form upstream of the combustor, preventing it from reaching the inlet and causing unstart. The 
flow in the isolator exhibits a very unsteady behavior with shock oscillations accompanied by 
pressure fluctuations [29-32]. The coupling between isolator and combustor might be responsible 
for the onset of instabilities potentially leading to inlet unstart. 
The second objective of the present work is to investigate the dynamics of the isolator and the 
interaction with the combustor. The study is performed in an axisymmetric free-jet model scramjet 
provided with an isolator, a conical diffuser, and a constant area combustor. The response of the 
isolator to downstream choking will be studied with and without combustion to investigate 





1.3 Dissertation Overview 
This dissertation is composed of seven chapters. This first chapter provided background and 
introductory information on the field of hypersonic air-breathing propulsion and on the specific 
subject of inlet unstart.  
Chapter 2 provides a more detailed background and a review of the available literature on dual-
mode scramjet phenomena, including isolator shock-trains, choking, and pseudo-shock 
propagation and oscillations.  
Chapter 3 introduces the ACT-II hypersonic facility of the University of Illinois at Urbana-
Champaign. The first part provides a description of the components of the facility and their design 
procedure. The second part is dedicated to the characterization of the flow conditions and focuses 
on the stagnation enthalpy. 
Chapter 4 discusses the combustion-induced choking experiments performed in the direct-connect 
supersonic combustor. A novel mechanism for the initiation of the shock propagation is proposed. 
Chapter 5 discusses the pseudo-shock dynamics in the isolator in cold flow conditions. This study 
was performed in a free-jet scramjet model using simultaneous high-speed planar laser Rayleigh 
scattering (PLRS) visualization and pressure measurements as diagnostic tools. A parametric study 
is performed to determine the effects of inlet contraction ratio and isolator length. 
Chapter 6 discusses the pseudo-shock dynamics in the free-jet model at high-enthalpy conditions 




Chapter 7 summarizes the main findings and conclusions of the work performed and proposes 











BACKGROUND AND LITERATURE REVIEW 
 
2.1 Background 
Air compression in a scramjet engine is obtained by a phenomenon known as the ram effect. The 
dynamic pressure of the air, relative to the moving vehicle, is converted into static pressure by 
reducing the flow speed at the inlet, requiring no mechanical work by moving parts.  This solution 
greatly simplifies the design of the engine and can be used on a wide range of flight speeds. On 
the other hand, since a relative motion between air and engine is necessary to obtain ram effect, 
these engines cannot self-launch from rest and can only be used as a second or third stage of a 
combined cycle propulsion system, like the example shown in Figure 2.1. 
 
Figure 2.1 Turbojet-scramjet combined cycle propulsion system. [33]. 
 
2.1.1 Dual-Mode Scramjets 
In order to reduce the number of propulsion stages, and the complexity of the system, it is critical 
to extend the operation of a scramjet to low Mach numbers (below Mach 7). In this regime, 
supersonic combustion becomes inefficient because the amount of fuel that the engine can combust 
is severely limited by the incurring of thermal choking. 
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To overcome this problem, Curran and Stull [34] introduced the concept of dual-mode scramjet 
(DMSJ), in which the combustor is capable of operating subsonically as a ramjet at low flight 
speed (Mach 3-4), in a mixed subsonic/supersonic regime (dual-mode) at intermediate speed 
(Mach 4-7) and complete the transition to supersonic combustion (scramjet mode) at higher speed 
(above Mach 7). In principle, a DMSJ can be efficiently operated over a wide range of Mach 
numbers while retaining the practical advantage of a fixed geometry.  
In addition to the inlet, combustor (or burner), and nozzle, a DMSJ (Figure 2.2) is characterized 
by the presence of a constant area channel between the inlet and combustor that is referred to as 
constant area diffuser or isolator. The isolator is the component that allows a controlled transition 
from subsonic to supersonic combustion regime. 
 
Figure 2.2 Schematic of a dual-mode scramjet [35]. 
 
At low speed, a DMSJ operates in ramjet mode. The incoming flow is compressed partially the 
inlet and is further compressed in the isolator, where it is turned subsonic by a normal shock (or a 
pseudo-normal shock as described in Section 2.3). Fuel is injected into the burner and combustion 
takes place subsonically. In a canonical ramjet engine, the flow is then re-accelerated to supersonic 
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speed by a converging-diverging nozzle to generate thrust. Since a DMSJ is also required to 
operate as a scramjet at higher speed, a physical throat would be unfeasible and subsonic-to-
supersonic transition is accomplished by the so-called thermal throat. A thermal throat is a 
phenomenon that occurs in an internal compressible flow when heat addition and area change act 
simultaneously. In this case, the Mach number M along the burner changes according to the 
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,  (2.1) 
where T0 is the total temperature, A is the channel area and  is the specific heats ratio. From Eq. 
2.1 results that, in order to have a continuous solution across the sonic point (M=1), the following 









 .  (2.2) 
If Eq. 2.2 is verified at the sonic point a thermal throat exists and the flow can turn supersonic 
again, completing its expansion in the nozzle. 
At higher speed a DMSJ transitions to dual-mode combustion. Since the area ratio of the inlet is 
assumed fixed; as the flight Mach number increases, the Mach number at the isolator entrance also 
increases. The air flow is still compressed in the isolator but maintains a supersonic speed up to 
the combustor. Nevertheless, the backpressure induced by the combustion heat release is large 
enough to cause significant boundary layer thickening and/or separation in both the isolator and 
combustor. The confinement effect of the thickened boundary flow on the supersonic core is what 
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causes flow compression in the isolator. Compression occurs through a series of shocks, either 
oblique, normal, or a combination of the two, known as a shock-train. 
Increasing the speed further, a DMSJ transitions to scramjet mode. The pre-combustion shock is 
swallowed through the combustor and no significant boundary layer separation occurs anymore. 
The resulting flow is entirely supersonic throughout the engine. Most of the combustion takes 
place at high speed and the combustor length necessary to achieve complete combustion increases 
as consequence. In these conditions it is useful to start injecting the fuel right after the inlet, using 
the isolator as an extension of the burner.  
 
2.1.2 Quasi One-Dimensional Model of a Dual-Mode Scramjet Engine 
A qualitative description of the flow through a scramjet engine in steady conditions can be obtained 
from the quasi one-dimensional theory of compressible flows (see Chapter 6 of Ref. [1] for in-
depth details). Under the hypothesis of ideal gas conditions, it is possible to establish differential 
relations between the dependent parameters (velocity V, pressure p, temperature T, density , Mach 
number M, etc.) and the independent parameters (area A, total temperature T0 and mass flow m 
change and friction 4Cf /D dx) in terms of coefficients of influence depending only on the Mach 
number squared, M2, and the specific heats ratio of the gas,  (see Chapter 8 of Ref. [36] for a 
throughout derivation). The following system is obtained: 
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Integrating Eq. 2.3, the Mach number distribution M(x) inside the engine can be determined and 
used to integrate the other equations. Special care must be taken when integrating close to sonic 
conditions (M=1) where the coefficients of influence become singular. 
The major difficulty of extending such analysis to dual-mode operation is represented by the 
separated region and the associated shock train that, being an intrinsically non-one-dimensional 
phenomena, need to be modeled. In the model proposed by Smart [37], separation is accounted for 
by defining an effective area for the core flow Ac as shown in Figure 2.3. Where the flow is 
attached, Ac is known and equal to the geometrical area A. Where the flow is separated, Ac is a 
dependent parameter and needs to be computed as function of the independent parameters. The 
shock train is modeled in terms of its pressure gradient, expressed by the empirical relation 










 ,  (2.8) 
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where Cf0 is the minimum skin friction coefficient at the initial separation point and k is a constant 
determined experimentally.  
 
Figure 2.3 Differential element of separated flow in a duct with variable area, friction 
and heat transfer [37]. 
 
The attached flow is computed in the usual way, integrating the system Eq. 2.3-7. The separated 
region is computed using the pressure as an independent parameter in place of the area and 
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  (2.10) 
Transition from attached to separated flow is determined by the maximum amplitude of the 
pressure rise, in agreement with the Korkegi criterion [39], which is discussed later in this chapter.   
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The stagnation temperature, T0 is an independent parameter of the model determined by 
combustion heat release and, in a lesser amount, by the heat loss at the wall, Qw 
  0 02( ) ( ) /PR st c w pT x T h f x Q c   ,  (2.11) 
where hPR is the fuel specific energy, fst is the fuel-air stoichiometric mass ratio,  is the overall 
equivalence ratio, and c(x) is the mixing efficiency. Since the combustor of a scramjet engine 
operates in a mixing controlled regime, the rate at which the fuel is burned depends mainly on the 
mixing efficiency, defined as the amount of fuel at a location x, sufficiently well mixed to react, 
over the total amount of fuel that could potentially react. Heiser and Pratt [1] suggested the 

























where c,tot is the overall mixing efficiency,  is a numerical constant between 1 and 10 and, 
according to standard nomenclature, the coordinates x3 and x4 correspond to the locations at the 










Figure 2.4 Predictions of the DMSJ one-dimensional model for a hydrogen fueled 
case with M2=2.65, p2=50 kPa, T2=650 K and Ht2=1.59 MJ/kg at equivalence ratios: 
(a) =0.5, (b)  =0.72 and (c)  =0.81. From Ref. [40]. 
 
Figure 2.4 shows the results of the model for a flow entering the isolator at Mach 2.65 with static 
pressure and temperature of 50 kPa and 650 K, respectively. The scramjet geometry consists of a 
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200 mm long constant area isolator and a 300 mm long divergent combustor, with an area ratio of 
2. Hydrogen is used as the fuel. At the lowest overall equivalence ratio =0.5, the flow is entirely 
supersonic and attached. The engine therefore operates in scramjet mode. The Mach number in the 
combustor initially drops below 1.5 due to heat release and then increases again by effect of the 
area relief.  Increasing the amount of fuel to =0.72, a small region of separated flow is formed in 
front of the injectors. The Mach number reaches a minimum value of 1.1 at about one third of the 
combustor length and then starts increasing again; a supersonic core flow is maintained over the 
entire isolator/combustor duct. Since both subsonic and supersonic combustion regions exist in the 
combustor, this situation corresponds to dual-mode operation. At =0.81, the separated region is 
larger and extends half-way into the isolator. The flow reattaches 50 mm downstream of the 
injectors (x=250 mm), but the Mach number keeps decreasing until becoming subsonic at x=280 
mm. In this case, the flow reaccelerates to supersonic speed through a thermal throat (Figure 2.4c) 
and the combustor operates in ramjet mode.  
 




Experimental validation of Smart’s DMSJ model was provided by comparing the predicted 
pressure profiles with the experimental results obtained in the T4 reflected shock tunnel using an 
axisymmetric scramjet with constant or divergent area combustor [37,40,41]. Despite the 
crudeness in the way combustion and other phenomena are modeled, the results provided are in 
excellent agreements with the experiments as shown in Figure 2.5. 
 
2.1.3 2D Numerical Simulation of the Isolator-Combustor-Nozzle System  
Mode-transition in a DMSJ engine was investigated numerically by Riggins et al. [43], using a 
simplified 2D model of the isolator-combustor-nozzle subsystem of a scramjet engine (Figure 
2.6a). Combustion heat release was modeled as a volumetric total enthalpy source uniformly 
distributed over the combustor section. Flow conditions were fixed at the isolator entrance, while 
the amount of heating power was changed to investigate the effects on the combustor-isolator flow. 
Figure 2.6b shows the result of the computations in terms of Mach number distribution. The sonic 
line is shown to mark the boundary between subsonic and supersonic flow. At the lowest heating 
power (4MW), the system is in scramjet mode and the flow is supersonic everywhere except for a 
small separation region near the combustor exit. At 10 MW and 12 MW, the separated flow extends 
all over the combustor wall, with the supersonic core confined at the center of the channel. At 12 
MW the separated flow starts propagating into the isolator. Reattachment occurs immediately at 
the nozzle entrance, where the heat source is removed and a larger area relief is provided. At these 
heating rates the system is working in dual-mode. Increasing the heating power further (14, 16, 
and 17 MW) the system transitions to ramjet mode. The flow in the combustor is almost completely 
subsonic and re-accelerates to supersonic only at the thermal throat, located, in this case, at the 







Figure 2.6 (a) Geometry used for the CFD analysis. (b) Mach number 
contours and sonic line for various total heating rates. Adapted from Ref. [43]. 
 
The separated flow creates a shock train in the isolator that moves upstream as the heating power 
is increased. Above 17 MW, the shock train propagates to the isolator entrance unstarting the flow.  
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Despite the crudity of the model used, these results help to understand qualitatively the effects of 
combustion heating on the mode transition in a dual-mode combustor and the role of the isolator 
in retarding unstart.   
 
2.2 Isolator and Shock-Trains 
This section will focus on the flow physics in the isolator, characterized by the phenomenon of 
shock-trains previously mentioned. A shock-train is a series of consecutive shocks occurring in an 
internal flow. The flow downstream can be either subsonic or supersonic. Depending on its shape, 
a shock train can be classified as x-type (also known as oblique shock-train) or -type (also known 
as normal shock-train). A comparison between the two types is provided in Figure 2.7 that shows 
a schematic of the flow configuration (top), a schlieren picture of the first couple of shocks (center) 
and the pressure distribution at various distance from the wall (bottom). 
Experimentally it was observed that two parameters control the shape of a shock-train, namely the 
incoming Mach number and the flow confinement. The flow confinement is defined as the ratio 
between the boundary layer thickness and a typical dimension of the duct (i.e. channel height or 
hydraulic diameter). 
Normal shock-trains are typical of low Mach numbers (below Mach 1.8) and moderate flow 
confinements (2/H <0.2) [45]. Their characteristic structure is shown in Figure 2.8. Each shock 
is composed by a normal part at the center (stem) that bifurcates into two or more oblique shocks 
close to the wall (legs). The central part of the core undergoes a series of normal shocks 









Figure 2.7 A comparison between -type (on the left) and x-type (on the right) shock-trains. (top) 
Schematic of the flow pattern [44]. (center) Schlieren photographs of shock-trains at Mach 4 [31]. 
(bottom) Static pressure distribtion at various distance from the wall [45,46]. 
 
The pressure rise is mostly concentrated in the first shock, accounting for almost 75% of the total. 
Oblique shock-trains are typical of high Mach numbers (above Mach 2.2) and large flow 
confinements (0.3<2/H <0.7) [46]. Compared to normal shock-trains in the same conditions, 
oblique shock-trains tend to be longer and contain a larger number of shocks. The pressure rise is 
more gradual, with only 25% of the overall pressure rise concentrated in the first shock. Tamaki 
et al. [46] measured the total pressure distribution in a x-type shock-train finding that pressure 





Figure 2.8 Schematic of a -type shock structure [47]. 
 
As mentioned earlier, shape transition is governed Mach number and flow confinement. This 
dependency can be explained qualitatively considering that the shape of reflected shocks is the 
result of the interaction between the shocks and the wall boundary layer. The upstream Mach 
number determines the strength of the shock; and therefore, the pressure jump applied to the 
boundary layer. The boundary layer thickness determines the velocity gradient near the wall; and 
therefore, the ability of the boundary layer to sustain an adverse pressure gradient without 
separating.  The effect of these parameters on the shape transition of a shock-train was investigated 
by several authors [48-53]. Hunt and Gamba [53] recently summarized the existing data in the plot 
shown in Figure 2.9. They observed that below Mach 1.7 the shock is always of -type and above 
2.2 always of x-type, regardless of the confinement C. In the transitional range 1.7 < M < 2.2, the 




Figure 2.9 Regime diagram for a shock-train distinguishing between oblique shock-trains 
(red markers) and normal shock-trains (blue markers) [53]. 
 
The length of a shock-train is a critical parameter to know for the design of a proper isolator for a 
DMSJ. This is a problem of practical importance because, as shown in Section 2.1, an isolator is 
able to prevent the inlet from unstart only if its length is sufficient enough to entirely contain the 
shock-train. Waltrup and Billig [54] determined the following empirical correlation for the length 











     
    
   
  (2.13) 
where D is the diameter of the duct, M and P are momentum thickness, Mach number,and static 
pressure upstream of the shock-train, respectively. Re is the Reynolds number based on the 
momentum thickness and P is the pressure rise across the entire shock-train. Figure 2.10 shows 




Figure 2.10 Correlation of experimental shock-train length data [54]. 
 
The effects of a non-circular cross-section on the shock-train length were investigated numerically 
[55,56] and experimentally [57] finding that using the hydraulic diameter in place of D, the 
correlation in Eq. 2.13 still applies. 
 
2.3 Choking and Pseudo-Shock Propagation 
Choking is a characteristic phenomenon of internal compressible flows. It occurs when an 
accelerating subsonic flow or a decelerating supersonic flow reach sonic conditions (M=1).  
Choking of a supersonic stream can be caused by a variety of factors. The most common are area 
blockage, heating, mass addition, friction, and any other irreversibility in general. In a practical 
system, like a scramjet, all these factors act simultaneously and contribute in some extent to choke 
the flow. Since choking is one of the possible causes of inlet unstart, understanding this 
phenomenon is of paramount interest for the hypersonic propulsion community.  
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For this reason, an increasing effort has been made over the last couple decades to investigate this 
problem in greater detail [58]. Nevertheless, both experimental and numerical approaches present 
formidable challenges. Experimentally, it is very difficult to reproduce flows close to the flight 
conditions at which this phenomenon occurs. The large-scale, high-enthalpy facilities required are 
not readily available to most researchers. Therefore, a large number of studies have been performed 
in non-representative conditions, using low-temperature flows and/or inducing choking artificially 
(without actual combustion) by mechanical throttling, mass injection, etc.  
The first example of mechanical blockage used to induce unstart in a model scramjet is reported 
by Wieting in 1976 [59], that used a cylindrical pin to reduce the exhaust area up to 60%. Other 
investigators used movable ramps downstream of the isolator to mimic the backpressure rise [60-
67]. Shimura et al. [68] studied the blockage effect of a force measuring systems (FMS) on a 
scramjet engine tested in a free-jet wind tunnel. Wagner et al. [62,64] used PIV velocimetry to 
measure the 2D velocity field in the isolator during unstart (Figure 2.11). Srikant et al. [66] 
developed an algorithm to detect unstart based on high-frequency pressure measurements. 
Valdivia et al. [65] successfully used vortex generators as active control tool for inlet unstart. A 
different approach was adopted by Klompares et al. [69] and Hunt et al. [53,70], that used a valve 
to mechanically throttle the outflow of their direct-connect facility and raise the backpressure. 
Studies were also conducted at low enthalpy, with choking induced by mass injection. This method 
avoids the introduction of geometry variation in the test model. The first application was 
implemented by Sato et al. [71] in 1992. Tan et al. [72] used a similar technique to study the buzz 
phenomenon in an unstarted hypersonic inlet. Do et al. [73], using planar laser Rayleigh scattering 
in a CO2-seeded flow, obtained a sequence of images of an unstarting inlet (Figure 2.12). Do et al. 
[74] also investigated the effects of the boundary layer thickness on the shape and propagation 
27 
 
speed of the pseudo-shock. Fike et al. [75] compared these results with their RANS simulations in 
an attempt to develop technique to predict precursor conditions for unstart. Im et al. [76], using 
high speed schlieren, compared the situations of mass-induced unstart in high and low enthalpy 
conditions and mass-induced and combustion-induced unstart at high enthalpy conditions. 
 
Figure 2.11 Instantaneous schlieren image, (a) pressure distribution, (b) vector velocity 





Figure 2.12 Pseudo-time sequence of inlet unstart induced by mass injection obtained with 
PLRS technique [73]. Flow from right to left. 
 
The last two decades have seen an increasing effort dedicated to the study of choking and unstart 
in high-enthalpy flows with actual combustion. The first investigation of this type was reported by 
O’Byrne et al. [77] in 2000, which used shadowgraph visualization and pressure measurements to 
determine the propagation speed of a pseudo-shock in a hydrogen-fueled scramjet, tested in a 
shock tunnel. Shock tunnels were also used by Frost et al. [78] and Laurence et al. [79,80]. Similar 
experiments were performed by Mashio et al. [81] and Owens et al. [82] using a continuous flow 
vitiated tunnel. Do et al. [83], Liu et al. [84], and Im et al. [76] studied combustion-induced unstart 
in a pulsed arc-heated wind tunnel with 1 second test time. Figure 2.13b shows a set of time-
sequential images of the flame chemiluminescence observed in an ethylene-fueled rectangular (40 
mm × 15 mm) model scramjet (Figure 2.13a). The corresponding pressure distributions at 5 







Figure 2.13 (a) Schematic of the model scramjet and location of field-of-view and pressure sensors. (b) 
Time sequence of flame luminescence during unstart. (c) Pressure signals at 5 locations. [84]. Flow from 
right to left. 
 
2.3.1 Choking Triggering Factors 
Choking of the combustor in ramjets and scramjets was experimentally observed since the early 
days of testing and was initially explained as thermal choking. In agreement with Rayleigh theory, 
heat addition to a supersonic flow causes the Mach number to reduce until sonic conditions are 
reached (M =1). At thermal choking, the entropy of the flow is maximized and if further heating 
occurs, no steady supersonic solution is possible. To accommodate the extra heating, the entire 
flow field must transition from a supersonic to a subsonic configuration.  
In 2009, during ground testing of the HyShot (Figure 2.14a) hydrogen-fueled scramjet, Frost et al. 
[78] observed that choking occurred at equivalence ratios where, even supposing complete 
combustion, the amount of fuel was not sufficient to produce enough heat to reach thermal 
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choking. Therefore, they proposed an alternative mechanism for the initiation of shock 
propagation, suggesting boundary layer separation as the dominant factor. The experiments by 
Frost et al. were performed in a shock tunnel facility, using pressure measurements as diagnostic 
tools. From the pressure distribution in the combustor they were able to determine whether the 
flow was choked or not (see Figure 2.14b). They tested different Mach numbers at the combustor 
entrance (Mc in the figure) by altering the angle-of-attack of the model. It was observed that, at 
higher Mach number, the combustion-induced backpressure necessary to choke the flow (see 
Figure 2.14c) increased in agreement with the Korkegi criterion [39]. The Korkegi criterion is an 
empirical relation predicting the strength of an oblique shock (in terms of pressure ratio) required 
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where p1 and p2 are respectively the pressure upstream and downstream of the shock impingement 
point. The fact that Eq. 2.14 is successfully fitting the choking limit determined experimentally 
induced the authors to conclude that: (1) Korkegi criterion can be applied not only to discrete 
pressure jumps (like shock waves), but also to distributed pressure rise, like in a constant area 
combustor. (2) Choking occurs when the combustion-induced backpressure rises enough to 
separate the boundary layer and the separated flow acts like an area blockage for the incoming 







Figure 2.14 (a) Geometry of the HyShot scramjet engine. (b) Pressure distribution versus distance from 
the leading edge in choked and unchoked conditions. (c) Fitting of the experimental data with the Korkegi 
criterion. Adapted from Ref. [78]. 
 
A similar study was conducted on the same geometry by Laurence et al. [79,80] in 2013 in the 
HEG hypersonic shock-tunnel at DLR Gottingen. In addition to pressure measurements, high 
speed flow and flame visualization were implemented by means of schlieren and OH* 
chemiluminescence imaging. The experimental results were also compared to 3D RANS 
numerical simulation with chemical reactions. Despite the pressure measurements confirming the 
results by Frost et al. [78], neither the images, nor the CFD results revealed a significant amount 
of separation before choking. Separation was observed only as a consequence of the shock 
propagation after choking had already occurred.  
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Figure 2.15 shows a sequence of images with quasi-synchronous schlieren and OH* 
chemiluminescence. At t=1.7 ms the flow is completely supersonic and the reflected shocks from 
the flow-jet interaction are visible over the entire field of view. OH* signal in these conditions is 
very weak and concentrated near the wall at the shock reflection points. At t=2.2 ms the leading 
shock of the shock-train can be seen near the right end of the field of view. Large regions of 
subsonic flow exist behind this shock and the combined effect of high temperature and low speed 
allow combustion to be more efficient as indicated by the high OH* intensity. At t=2.4 ms and 
t=2.6 ms the shock-train has propagated further upstream and starts interacting with the fuel 
injectors. Finally, at t=3.2 ms, the flow appears completely subsonic (no more shocks are visible) 
and dominated by turbulence. Combustion is very strong in these conditions and the OH* signal is 
mostly saturated. 
The authors concluded that the cause of choking cannot be boundary layer separation and that 
thermal choking must be the dominant factor. They argued that, even if the overall heat release is 
insufficient to choke the flow globally, it is possible that thermal choking may occur locally, where 
the combustion heating is more intense. The locally choked flow would then affect the entire 
pressure field causing global choking. Nevertheless, the authors do not provide a detailed 
description of this choking mechanism. Furthermore, they pointed out that, due to the high three-
dimensionality and unsteadiness of the flow field, a simple steady one-dimensional model might 
not be adequate to predict unstart.  
An interesting analytical model to predict the performance of a dual-mode scramjet was developed 
by Riggins et al. [43]. The model is based on fundamental second-law considerations and draws 





Figure 2.15 Sequence of simultaneous schlieren and OH* chemiluminescence 
images during shock propagation. Flow from left to right. Adapted from Ref. [79]. 
 
Considering an ideal gas with specific heat ratio  and applying momentum conservation to a 
control volume enclosing the engine, the specific thrust ( /xF m ) can be expressed in non-
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where U is the flow speed, a is the speed of sound, M is the Mach number, A is the channel area, 
and f is the fuel-air ratio. Subscripts i and e refer to inlet and exit, respectively. Velocity ratio and 
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exit Mach number can be expressed in terms of inlet properties, area ratio, and combustion heat 
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where Sirr is only inclusive of the source of entropy that cause a loss of total pressure. For 
example, heat addition at zero Mach number is considered inherently reversible in this model and 
is not included in Sirr. 
Using this approach, the authors investigated the role played by entropy and heat release on how 
they affect the specific thrust. In Figure 2.16a, the thrust iso-lines are plotted as function of heat 
release and irreversibility for a case with Ae/Ai = 1. As expected, the engine is more efficient at 
high heating and low losses, where the specific thrust is maximized. On the other hand, when the 
losses dominate, the engine produces more aerodynamic drag than thrust. The upper part of the 
diagram is limited by the overall choking limit of the engine, corresponding to a condition in which 
sonic speed is reached at the exit, i.e. Me=1. The results show clearly that for a given amount of 
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heat released Q, there is a limited amount of entropy generation Sirr that the engine can tolerate 
without choking; and, the larger Q is the smaller Sirr becomes. 
  
(a) (b) 
Figure 2.16 (a) Iso-thrust lines of a DMSJ engine as function of heat release and irreversibility. (b) 
Variation of the choking limit with different values of the combustor area ratio [43]. 
 
Once the choking limit is reached, the engine will unstart regardless of the isolator length. 
Conversely, if the isolator is too short, the shock system will disgorge from the inlet causing unstart 
even before the choking limit is reached. The choking limit can be extended by using a divergent 
combustor as shown in Figure 2.16b. In this case, the expansion due to area relief counteracts the 
flow deceleration from irreversibilities and retards the onset of sonic conditions. 
 
2.3.2 Pseudo-Shock Formation 
Once the flow is choked a readjustment of the conditions upstream is necessary to recover steady 
operation. As previously stated about thermal choking, this readjustment will change the flow from 




Figure 2.17 Normal shock wave/boundary layer interaction in a constant area duct at different Mach 
numbers [29]. 
 
Inviscid quasi one-dimensional theory predicts the readjustment will occur through the 
propagation of a single normal shock upstream. In practical systems, due to the viscous interaction 
at the wall, the configuration of the shock can be drastically altered as shown in Figure 2.17. Near-
normal shock configuration (Figure 2.17a) is observed only at low supersonic Mach number (1.0 
< M < 1.2).  As the Mach number increases, the induced pressure jump becomes strong enough to 
separate the boundary layer and the shock is initially curved (Figure 2.17b) and then bifurcated 
near the wall into multiple branches (Figure 2.17c). Above Mach 1.5, the single shock is 
completely disrupted into a more complex interaction that can extend for up to 15 hydraulic 
diameters (Figure 2.17d).  
The structure of Figure 2.17d is known as pseudo-normal shock or more commonly (but less 
properly) just pseudo-shock [85]. The structure of a pseudo-shock is shown in Figure 2.18 along 
with a qualitative representation of the static pressure distribution at the wall and centerline. The 
entire pseudo-shock region (1-2 of Figure 2.18) can be divided in two main sub-regions: the shock-
train (1-j) and the mixing region (j-2). Another evident distinction is between the high-speed, 
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nearly uniform core region (clear in Figure 2.18) and the surrounding low-speed dissipative region 
(dark in Figure 2.18). 
 
Figure 2.18 Schematic static pressure distribution along centerline and wall in a constant area duct with 
a pseudo-normal shock [29].  
 
The shock-train, as described in Section 2.2, is a region characterized by the presence of multiple 
shock waves, both normal and/or oblique. This is the region where most of the pressure rise (and 
Mach number reduction) occurs. The centerline and wall pressure distributions are profoundly 
different. The first is characterized by large oscillations corresponding to the position of the 
shocks, whereas the second is smoother and monotonically increasing. As the Mach number in the 
core is reduced and the shocks become weaker the two pressures tend to equalize. 
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The flow at the end of the shock train is highly non-uniform, with mixed subsonic-supersonic 
regions, large entropy gradients, etc. In the mixing region, turbulent mixing dissipates the non-
uniformities inducing additional static pressure rise. Once the flow is fully subsonic, wall friction 
tends to re-accelerate the flow and to lower the static pressure. The termination of the pseudo-
shock is set in correspondence to the maximum pressure (point 2 in Figure 2.18), where the 
pressure rise due to mixing and the pressure drop due to friction balance each other. 
 
Figure 2.19 Normal shock wave/boundary layer interaction in a constant area duct at 
different Mach numbers [29]. 
 
For a given incoming Mach number, a pseudo-shock is expected to produce the same overall 
pressure ratio as a single normal shock (assuming reasonable flow uniformity on a cross-section), 
in agreement with the integral conservation laws. Nevertheless, experimentally it is observed that 
the pressure ratio of a pseudo-shock tends to be significantly lower than predicted by a normal 
shock [29]. As shown in Figure 2.19 this effect is magnified at higher Mach numbers (4 < M1e < 
5) where the pressure recovery from a pseudo-shock may be only 30% that of a single normal 
shock. Figure 2.19 also shows a large dispersion of the experimental data from different sources. 
This is believed to be caused by differences in the initial state of the boundary layer and therefore 
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of the flow confinement 2/DH, even if the effects of this parameter on the pseudo-shock are not 
completely understood.  
 
2.3.3 Modeling of Pseudo-Shocks 
The first analytical model of a pseudo-shock was proposed by Crocco [85] in 1958 and is often 
referred to in literature as Crocco’s shockless model. The model divides the pseudo-shock into a 
core region and a dissipative region, treated separately and interacting at the interface by pressure 
forces and mass exchange. Both regions are assumed uniform and one-dimensional as in Figure 
2.20. 
 
Figure 2.20 Shockless model of a pseudo-shock proposed by Crocco [85]. 
 
Applying the conservation laws to the flow of Figure yields: 
 area 
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 longitudinal momentum 
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For both streams, mass flow rate m, impulse function J, and total temperature T0 can be expressed 


































  (2.23) 
Note that transverse momentum balance requires that p p p   .  
The main assumption of the model consists in neglecting the shocks in the core region which is 












 . (2.24) 
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This assumption is based on the fact that the entropy increase of an oblique-shock train is small 
compared to a single normal shock and therefore most of the entropy production must occur in the 
dissipative region. The system of Eq. 2.19-22 and Eq. 2.24, with the definitions in Eq. 2.23 provide 
6 equations and 7 unknowns A’, A’’, w’, w”, T’, T’’ and p. Crocco’s shockless model is therefore 
not closed and since it does not contain any spatial coordinates, it cannot provide any information 
on the spatial distribution of pseudo-shock variables and overall length. General solutions can be 
obtained assuming the mass ratio parameter =m”/m1 as an independent variable, =0 
corresponding to the beginning of the pseudo-shock and =1 to the end. Figure 2.21 shows the 
distribution of Mach number and pressure along the pseudo-shock as function of . 
 
Figure 2.21 Results of the Crocco’s shockless model as function of the 
mass ratio for three initial Mach numbers [85]. 
 
Effects of combustion heat release can be easily included in the model by making the reasonable 
assumption that all the combustion occurs at the interface between the core and dissipative regions. 
Therefore, the core flow is composed of reactants with properties ’ and R’, and the flow in the 
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dissipative region is composed of combustion products, with properties ’’ and R’’. The total 
temperatures T01 and T02 are related by   
 
02 01p p st PRc T c T f h   .  (2.25) 
Despite its simplicity, the shockless model reveals essential characteristics of the pseudo-shock 
and provide a useful framework for the analysis of experimental data. 
Modifications to Crocco’s shockless model have been proposed to improve the agreement with 
the experimental data. Ikui et al. [48] removed the hypothesis of the isentropic core and introduced 
two additional ODEs for the reduced velocities w’ and w’’, to mimic the diffusive processes in the 
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where c is a constant representing the velocity decay and was determined experimentally to be 
0.114. The other constant B is determined by imposing the boundary conditions at sections 1 and 
2. A further improvement to this model was introduced by Ikui et al. [86] in order to include the 
effects of initial boundary layer thickness and wall friction (Figure 2.22a). Ikui’s diffusion models 
show a remarkable agreement with the experimental data, especially at higher Mach number 







Figure 2.22 (a) Diffusion model of a pseudo-shock proposed by 
Ikui. (b) Comparison between model predictions and 
experiments [86]. 
 
Other notable analytical models of pseudo-shocks are the jet-flow model by Zimont and Ostras 
[87] that treats the supersonic core as a submerged supersonic jet diffusing into a quiescent gas. 
The separation model by Shchetinkov [88] which considers the supersonic core as quasi one-
dimensional and the separated region as a virtual area change. The self-similar model by Nagai 
and Yaga [89] that considers the initial and final velocity profiles as self-similar to each other. The 
mass-averaging model by Matsuo et al. [90] that allows computation of the mass-averaged 
properties on a cross-section of a pseudo-shock. Also, the momentum-balance model by Kanda 
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and Tani [91] that computes the length of the pseudo-shock by assuming constant value of the 
impulse function at inlet and outlet (i.e. neglecting friction at wall).  
In general, all these models, based on a one-dimensional or quasi one-dimensional analysis tend 
to agree well with experiments at high Mach numbers, where the shock-train is expected to be of 
x-type. Far less agreement is obtained at lower Mach numbers, dealing with -type shock trains. 
This is probably due to the fact that -type shocks are inherently (i) non-one-dimensional, with 
strong transverse gradients among the normal shock at the stem, the oblique shocks at the legs, 
and the dissipative region, and (ii) non-monotonic due to the alternating shock compressions and 
rapid expansions of the stem flow. In this case, a more sophisticated analysis accounting for the 
internal structure of the pseudo-shock is necessary. A pioneering model was developed by Tamaki 
et al. [45], followed by the works by Godbole et al [92], Latypov [93], and Medvedev [94].    
 
2.3.4 Pseudo-Shock Propagation 
Under suitable conditions in a scramjet engine, a pseudo-shock is formed and propagates upstream 
either stabilizing at a certain location or disgorging from the inlet. However, the details of how 
this process occurs is still largely unknown. One of the reasons is that the study of these 
phenomena, not only requires a facility able to produce unstart conditions in a model scramjet, but 
also needs to provide a test time sufficiently long enough for the unstart process to occur (usually 
on the order of tens of milliseconds). Impulse facilities can satisfy the first requirement relatively 









Figure 2.23 (a) Schlieren sequence showing the development of the choking shock train in the HyShot 
II combustor at =0.43. (b) Motion of the leading edge of the shock train for various equivalence ratios.  
(c)  Propagation speeds of the leading edge of the shock train for three equivalence ratios [80]. 
 
Figure 2.23a shows a sequence of schlieren images taken in the HyShot supersonic combustor 
during propagation of a pseudo-shock [80] at equivalence ratio =0.43. The experiments were 
conducted in the HEG large scale reflected-shock tunnel at DLR Gottingen, with modified flow 
conditions to extend the test time from 2.5 ms to 4 ms. The images show the leading shock 
propagating upstream initially with an absolute speed of about 50 m/s. Then the speed significantly 
reduces and the shock almost reaches a steady position at about x=170 mm. In the last couple of 
frames, the shock starts propagating again, but this could be the effect of freestream conditions 
that are unsteady after 7 ms. The propagation speed and the final shock position were found to be 
very sensitive to the overall equivalence ratio (Figure 2.23b and c). Especially at the highest 
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equivalence ratio =0.50, where the propagation speed seems very unsteady with peaks above 250 
m/s. 
 
2.4 Shock Oscillations 
Oscillating behavior of shock-trains and pseudo-shocks in ducts has been observed since the late 
40s [95-97]. The oscillations consist of a longitudinal displacement of single shocks around their 
equilibrium point and are of great practical interest because they might be associated with severe 
pressure fluctuation throughout the duct. To reduce the risk of structural failure in a dual-mode 
scramjet engine, it is important to avoid coupling the characteristic frequencies of these pressure 
fluctuations and the resonant frequencies of the engine. 
Ikui et al. [30] were among the first to study these phenomena in detail. The experiments were 
performed using an unheated air flow. A shock train was generated in a constant area duct, with a 
60 mm square cross-section and overall length 830 mm. High-speed schlieren technique was used 
to visualize the dynamics of the shocks at 7440 fps. From the images they were able to extract the 
position of each shock as function of time and to analyze frequencies and correlations. 
They observed an increasing trend of the oscillation amplitude with the incoming Mach number 
M1.  Exploring several Mach numbers between 1.4 and 3 they reported that as M1 approached 3, 
the amplitude exceeded the diameter of the duct. The maximum static pressure fluctuations 
induced by the motion of the shocks amounted to about 60% of the overall pressure difference. 
Spectral analysis revealed the presence of two prominent frequencies in each shock. One below 
100 Hz and one between 100 and 200 Hz. Computing the cross-correlation coefficient R1k() 
between the leading shock and the following k-th shock, the authors found that the maximum value 
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of R1k() was delayed in time as k increased, proving that each shock is following the motion of 
the shocks upstream. This fact induced the authors to conclude that the source of disturbances, 
forcing the shock-train to oscillate had to be located upstream. Using a simple one-dimensional 
analysis they showed that the oscillations were qualitatively consistent with the response of a 





Figure 2.24 (a) Schlieren photograph showing shock train in constant area 
duct. (b) Distribution of root-mean square of static pressure oscillations 
along centerline and wall of constant area duct [98]. 
 
Matsuo et al. [98] further investigated the correlation between shock oscillations and pressure 
fluctuations. As in Ref. [30], a pseudo-shock was generated in a constant area duct and studied via 
schlieren visualization and pressure measurements at the wall and centerline using through-tubes. 
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Figure 2.24a shows an example of the images taken. In this case (Mach 1.75 and 30% confinement) 
the shock train is led by a -shock followed by nearly normal shocks of decreasing spacing.  
In Figure 2.24b the magnitude of the pressure fluctuations, quantified through their r.m.s. value 
and normalized by the plenum pressure is plotted vs their distance from the inlet. A schematic of 
the pseudo-shock is also shown for reference. The pressure fluctuations at the centerline have a 
maximum intensity of ~2% in correspondence with the leading lambda shock and secondary 
maxima in correspondence with the successive shocks. At the wall, the fluctuations appear less 
intense indicating the presence of a transverse r.m.s. pressure gradient and the possible 
contribution of a transverse oscillatory motion of the shock. Carroll and Dutton [51] also reported 
the detection of a low frequency transverse oscillations related to an asymmetric configuration of 
the shock pattern. 
Yamane et al. [99,100] and later Sugiyama et al. [31] investigated how the oscillations are affected 
by the shock position along a straight duct. First, it was observed that moving downstream changes 
the type of the shock from -type to x-type, likely because of the increasing confinement. The -
type shock exhibited an amplitude of oscillations equal to 20% of the duct diameter and a 
frequency below 40 Hz. In agreement with Matsuo et al. [98], the intensity of the pressure 
fluctuations was maximized at the position of the first shock, where the amplitude was 35% of the 
total pressure difference across the pseudo-shock p. The pressure fluctuations were found to be 
resonant with the oscillations of the first shock, clearly indicating a close relation between the two 
phenomena. Therefore, the authors attributed this low frequency component to pressure waves 
created by the oscillation of the first shock and propagating downstream. 
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The x-type shock produced oscillations with larger amplitude, 30% of the diameter, and at a higher  
frequency of 70 Hz. Additional frequencies were measured between 150 and 250 Hz. The 
maximum amplitude of pressure fluctuations, between 50 and 60% of p, was distributed over a 
larger region encompassing the first three shocks. This higher frequency component was explained 
as acoustic waves propagating upstream through the subsonic part of the flow. Applying the 
classical formula for an acoustic tube with a closed end (where the closed end corresponds to the 
leading shock) 
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where a2 and M2 are speed of sound and Mach number downstream of the pseudo-shock, and l is 
the distance of the first shock from the exit. The fundamental (n=0) was found to match very well 
the experimental data. 
Only a limited number of studies are available on shock-train oscillations in actual engines with 
combustion. Ma et al. [101] and Li et al. [102] investigated experimentally and numerically the 
oscillations in a hydrocarbon-fueled scramjet. They outlined a feedback mechanism in which 
combustion-induced pressure waves in the flame zone propagate upstream through subsonic region 
like boundary layers and separated flow. Interacting with the shock system they generate vortical 
and entropy fluctuations that are convected back downstream into the flame zone. This closed-
loop mechanism can lead to combustion instabilities in a scramjet engine. The existence of such 






This brief literature review aimed to provide the status of current knowledge on the complex fluid 
phenomena occurring in the isolator of a dual-mode scramjet engine. It is by no means intended to 
be exhaustive. For a broader and deeper discussion on shock-trains, pseudo-shocks and choking-
related unstart phenomena the reader is referred to the classic review by Matsuo [29] and the more 
recent by Gnani et al.[105] and Im and Do [58]. 
Despite more than five decades of research since when DMSJ were first proposed, the 
understanding of several fundamental problems is still very limited. Choking is an example. 
Choking is caused by a combination of multiple factors like heating, boundary layer separation, 
irreversibilities, etc. Nevertheless, the way these factors combine and affect each other is still 
unclear. The ability to prevent, detect, and control unstart in a DMSJ engine demands for a better 
comprehension of the choking physics that is expected to be an extremely active research topic in 
the next future. 
Another example of a problem of fundamental practical importance that needs to be better 
comprehended is the oscillatory behavior of a shock-train. Despite the phenomenology of the 
oscillations being relatively well characterized, at least in low enthalpy non-reactive flows, there 
is no general agreement on their cause. Several hypotheses about their origin have been formulated, 
but definitive proof in favor of any specific explanation is still missing. In high temperature 
reactive flows, other parameters are expected to play a role in addition to Mach number and flow 
confinement. Experiments and simulations seem to indicate that coupling between combustion 
instabilities and shock oscillations might escalate to destabilize the isolator flow leading to inlet 
unstart. Nevertheless, the data available on this subject is still too limited to draw any conclusion. 
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CHAPTER 3  
DEVELOPMENT OF THE ACT-II FACILITY 
 
3.1 Introduction 
The applications of ground testing in the development of hypersonic technologies can be grouped 
in two major categories.  
1) Fundamental research. Many physical processes, typical of high-speed and high-
temperature flows, are still not well understood. Phenomena like turbulent combustion, 
boundary layer transition, shock-turbulence interaction etc., which are essential for the 
design of a hypersonic air breathing vehicle, still cannot be accurately predicted or 
modeled. Ground testing is the main tool that researchers have to expand their knowledge 
in these areas and to validate their design methodologies. 
2) Design verification. In-flight testing of hypersonic vehicles is extremely expensive, and it 
should be attempted only when a good level of confidence in the design has already been 
reached. This demands for the full vehicle, or at least a down-scale prototype, to be tested 
in a wind tunnel, in conditions as close as possible to those encountered during flight, to 
ensure that the required performance is matched.  
The properties of an ideal wind tunnel for the two aforementioned applications are very different. 
Fundamental research needs flexibility in the experimental setup. The facility and its flow 
parameters need to be conveniently adapted to the particular phenomena under investigation. In 
this case, closely reproducing the in-flight freestream conditions is not critical. Small or medium 
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scale facilities are preferable due to low cost and complexity. Test models are designed as 
diagnostic-friendly as possible to maximize the amount of data collected.  
On the contrary, for validation purposes, priority is given to an accurate matching of the in-flight 
freestream conditions. This implies large scale facilities, in the megawatt power range, operated 
by highly trained personnel within space agencies or national laboratories. Setting up an 
experiment in these facilities can take weeks if not months and the number of tests is usually 
limited by the extremely high operating costs. Since the tests are performed on real flight models, 
diagnostics is very challenging and often limited to pressure measurement only.  
The Arc-heated Combustion Tunnel ACT-II, described in this chapter, is a fundamental research 
wind tunnel and therefore responds to the requirements mentioned for this category of facilities 
 
3.2 Hypersonic Wind Tunnels Overview 
Hypersonic wind tunnels are most commonly of a blow-down type [106]. Conceptually a blow-
down facility is very simple (see Figure 3.1). The gas mixture (usually air) is expanded between a 
high-pressure tank and a low-pressure tank. A converging/diverging nozzle accelerates the flow to 
supersonic speed. Upstream of the nozzle the flow is straightened and laminarized in a plenum 
chamber to improve uniformity and damp turbulent fluctuations. Downstream of the nozzle, the 
supersonic flow enters in the test section were the experiment is performed. Before discharging 
into the low-pressure tank, it may be necessary to reduce the flow speed and partially recover static 




Figure 3.1 Schematic of a blow-down type hypersonic wind tunnel. 
 
The problem with this simple design is that, during the expansion, not only the static pressure of 
the flow drops but also its temperature. At sufficiently high Mach numbers (M > 5) the temperature 
drop may be large enough to cause condensation of the air components. To avoid the presence of 
vapors and obtain freestream temperatures representative of real flight conditions, it is necessary 
to pre-heat the gas before the expansion [106]. Over the years, a variety of heating methods have 
been proposed and implemented, the most common are briefly summarized below. For each 
category, the most notable facilities existing are listed, giving emphasis to those used primarily for 
fundamental research (se also Table 3.1). It is worth mentioning that each method has its own pros 
and cons and no absolute best exists in general. The optimal compromise needs to be found within 
the requirements and constraints of a particular application.  Figure 3.2 provides an overview of 
the performance of different types of hypersonic facilities [107]. 
 
3.2.1 Impulse Facilities 
Impulse facilities are a category that includes several types of facilities like shock tunnels, free-
piston shock tunnels, expansion tubes, Ludwieg tubes, etc. Energy is stored into a high-pressure 
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gas (driver) and rapidly transferred to a low-pressure gas (driven), which is usually also the 
working gas of the facility. The process is accomplished in a long tube, in which driver and driven 
are initially separated by a diaphragm. Once the diaphragm is broken by the pressure difference, 
the driver gas expands towards the driven that is compressed through a normal shock wave. Due 
to the rapid energy conversion, even with a modest amount of energy stored in the driver, it is 
possible to obtain an extremely high instantaneous energy rate in the driven gas. In this way 
stagnation enthalpies and pressure comparable to those encountered in hypersonic flight can be 
reached. The main disadvantage is represented by the short test time that, depending on the length 
of the tube and on the type of facility, can range from 0.1 ms to 5-6 ms. Examples of impulse 
facilities used for supersonic combustion research are numerous. Expansion tubes are in use at 
Stanford University [108, 109] and University of Michigan [110]. Examples of free-piston driven 
shock tunnels are HEG at DLR Gottingen (Germany) [111,112], HIEST at JAXA Kakuda [113] 
and T4 at University of Queensland (Australia) [114,115].  
 
3.2.2 Vitiated Air Facilities 
In a vitiated air facility, the heat is provided by a combustible gas, usually hydrogen or a light 
hydrocarbon (methane, butane, etc.), burned in an air stream. The advantages of this kind of 
facilities are low complexity and continuous operation. Stagnation pressure and mass flow rate can 
be easily scaled up while keeping the stagnation temperature constant. The major limitation is the 
flow contamination by the combustion products (mainly H2O but also CO2 for hydrocarbon fuels) 
and radicals. Several studies [116-123] proved that these contaminants have non-negligible effects 
on the thermochemical properties of the freestream and can seriously affect the flame dynamics in 
experiments involving combustion. Another important limitation of vitiated facilities is the 
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stagnation temperature that cannot exceed the adiabatic flame temperature of the fuel used. In 
addition, the oxygen consumed by the vitiator must be restored to obtain a proper composition of 
the air and this further reduces the gas temperature, usually below 2000 K. To overcome this 
limitation, vitiators can be combined with electric or pebble-bed heaters in a two-stages heating 
system capable of delivering stagnation temperatures up to 2700 K.  
Notable examples of vitiated facilities are RC-18 at Wright-Patterson AFB, the supersonic 
combustion facility at University of Michigan [124], the hypersonic facility of the University of 
Florida [125]. 
 
3.2.3 Electrically Heated Facilities 
In an electric heater, the air is heated by flowing through a bank of resistors. Many different 
arrangements of resistors are possible, including tubes, plates, coils, spheres, etc. The electric 
power dissipated in the resistors by Joule effect is then transferred to the air stream by convection. 
Electrically heated facilities are capable of producing a clean, continuous flow but they are 
severely limited in stagnation temperature. In fact, due to the limitation in the maximum 
temperature tolerated by the resistor material and in the efficiency of the heat transfer process, the 
stagnation temperature in this kind of facilities does not usually exceed 1300 K.  
Examples of electrically heated facilities are the supersonic combustion facility UVaSCF at 





3.2.4 Arc Heated Facilities 
In an arc-heated facility the gas is heated by an electric discharge. The air flows in a channel 
located between two electrodes where a high voltage (hundreds to thousands of volts) is applied. 
The gas is ionized in a cascade process until its electrical conductivity is sufficient to sustain a 
discharge between the electrodes (electric arc). The energy is transferred from the electric field to 
the air molecules through collisions, mainly between neutrals and charged particles. Arc-heated 
facilities are unique in providing continuous or nearly-continuous flows with stagnation 
temperatures above 3000 K. Nevertheless, as size and mass flow rate increase, the power 
requirement to achieve high temperatures becomes overwhelming. Another problem affecting arc-
heated facilities is the flow contamination from particles eroded from the electrodes. This problem 
is usually addressed by protecting the electrodes with a thin film of inert gas (usually Argon).  
Arc-heated facilities are not very common in scramjet propulsion research due to their high 
complexity and cost. The most notable example is the 13 MW Arc-Heated Scramjet Test Facility 
(AHSTF) at NASA Langley used primarily as engine test bench. Arc-heated hypersonic wind 





Figure 3.2 Hypersonic facilities performance map [107]. 
 
 
Table 3.1 Performance comparison for selected hypersonic facilities used for supersonic combustion 
research. 
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3.3 Arc-Heaters Fundamentals 
This section discusses some technical aspects and physical background on electric arcs and arc-
heaters. 
 
3.3.1 Gaseous Discharges 
A gaseous discharge is the passage of an electric current, mainly due to the motion of electrons, 
through a partially ionized gas. DC gaseous discharges can be conveniently classified according 
to the amount of current drawn. As shown in Figure 3.3, the arc regime is characterized by currents 
between 1 A and tens of thousands of amperes. Arcs can be furtherly distinguished in thermal and 
non-thermal. The fundamental difference is that, whereas thermal arcs can be considered in local 
thermodynamic equilibrium (LTE), i.e. same electron and kinetic temperature, in non-thermal arcs 
this condition does not hold, and the electron temperature is at least one order of magnitude larger 
than the kinetic temperature.  
 




Phenomenologically, non-thermal arcs are characterized by low current (typically less than 50 A) 
and low pressure (between 0.1 and 105 Pa). They exhibit a negative resistance characteristic and 
therefore are inherently unstable. This means that non-thermal arcs need some form of electrical 
stabilization provided by the power circuit, the simplest and most common being represented by 
resistive ballasting.   
On the other hand, thermal arcs draw much larger currents and typically occur at higher pressure 
(between 104 and 107 Pa). Their characteristic is mostly flat or slightly positive. Nevertheless, also 
thermal arcs often require electrical stabilization to prevent phenomena of mode transition [131]. 
Due to the high temperature reached by the plasma, thermal arcs are particularly attractive as a 
mean for gas heating.   
 
3.3.2 Thermal Arcs Characteristics  
A schematic of the internal structure of an arc discharge between two electrodes is shown in Figure 
3.4. Three main regions can be identified, from left to right: the cathode region, the arc column 
and the anode region. The arc column, that occupies most of the gap between the electrodes, is the 
fully developed part of the plasma flow, characterized by very small axial gradients. The electrode 
regions, on the other hand, can be thought as electrical and thermal boundary layers in which the 
plasma properties (electric potential, temperature, velocity, etc.) experience strong gradients to 




Figure 3.4 Structure of an electric arc and corresponding voltage distribution [130]. 
 
The most relevant aspects of each region are described below. 
 The cathode region occupies a thin layer (< 1mm) near the lower potential electrode (cathode). 
The primary role of the cathode is to provide electrons to sustain the discharge. This is mainly 
accomplished by two distinct mechanisms: thermionic emission and field emission (see 
Chapter 4 of Ref. [130]). Which one is prevailing depends on the surface temperature and 
material of the cathode. Tungsten is known to be a good thermionic emitter and its electron 
saturation current density js can be expressed by the Richardson-Dushman equation [132] 







  (3.1) 
where T is the temperature, e=1.6×10-19 C is the elementary electron charge, k is the Boltzmann 
constant, c is the work function of the cathode material and A≃60 A/cm2 K2 is a constant. The 
electrons emitted by the cathode are then accelerated away by the electric field. Positive ions, 
on the other hand, are attracted towards the cathode and, if the electric field is sufficiently 
strong, striking on the surface cause secondary emission. The charge separation induced by the 
cathode generates a voltage drop know as cathode fall that is usually in the order of 10 V. 
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 The arc column is composed by a globally neutral, high-temperature (up to 15,000 K) plasma 
in local thermal equilibrium. The arc column is characterized by very high current density ( j
~ 1000 A/cm2) and the effects of self-induced azimuthal magnetic field may become important. 
The magnetic Lorentz force j B  is directed inwards radially and tends to pinch the arc to a 
smaller diameter. This phenomenon is counteracted by the radial component of the pressure 









   (3.2) 
where I is the arc current, p0 is the pressure at the center of the arc and 0 is the vacuum 
permeability. In arc-heaters applications anyway, the current is usually insufficient to reach 
Bennet pinch equilibrium and other stabilization mechanisms must be provided. Among the 
most widely used there are: wall-stabilization, transpiration stabilization, coaxial flow-
stabilization and vortex-stabilization. In a wall-stabilized arc, the plasma flows in a small 
channel or constrictor whose surface is maintained at low temperature. The gas close to the 
wall is cold and has very low conductivity, preventing the propagation of the current in this 
region. As consequence, the discharge is stabilized at the center of the channel. 
The arc column is the region where the energy transfer process is accomplished. The energy 
from the electric field is transferred initially to the free electrons by the electrostatic force and 
then to ions and neutrals by collision. One of the earliest model to evaluate the thermal 
efficiency of a wall-stabilized arc-heater, was developed by Stine and Watson in 1962 [134]. 
This model considers the transport of enthalpy in longitudinal direction with a source term 
given by Joule heating and a loss term given by heat conduction to the wall. To make the 
problem analytically solvable, the authors neglect radiation and use a greatly simplified 
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thermodynamic model. Despite the model predictions are not quantitatively accurate, it 
explains the general trends observed experimentally and provides useful insights for the design. 
The main conclusions drawn by the Stine and Watson model are as follows. For a given length 
and diameter of the arc: (1) higher efficiency is obtained at lower pressure and higher mass 
flow rate, (2) high enthalpy is obtained at higher current and lower mass flow rate, (3) arc 
voltage independent on the current and increasing at higher mass flow rate.  
Accounting for radiation losses is not trivial and more sophisticated numerical simulation are 
necessary [135, 136]. These studies show that most of radiation is produced at the center of the 
arc, where the temperature is above 10,000 K. For most practical situations, radiation losses 
usually account for less than 10% of the total losses. Most of the energy is radiated in a 
continuum spectrum by ion-electron recombination or bremsstrahlung mechanisms. Line 
radiation from internal molecular transitions have an almost negligible effect.   
 The anode region occupies a thin layer near the higher potential electrode (anode).  The anode 
continuously provides positive ion flux to maintain the global charge neutrality of the plasma 
column. Anyway, since the ion mobility is small compared to the electron mobility, the ion 
production rate is also small. As for the cathode, also the anode is characterized by a voltage 
drop Va (anode fall). For a nitrogen arc with moderate currents (50 A < I < 200 A), the anode 
fall was found to be given by the empirical relation [137] 
 22 0.1aV I  .  (3.3) 
Thermal loads at the anode are usually more severe than at the cathode and can reach heat 
transfer rates of 5 kW/cm2, requiring active cooling for continuous operations. Most of heating 
is provided by the electron flow and the way is distributed strongly depends on the operating 
mode of the anode. In diffuse attached mode, the electron flux is distributed on a large area 
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with current densities in the range 100 to 1000 A/cm2. In the constricted mode, the flux is 
concentrated at a single spot and the current densities can reach values in the order of 104-105 
A/cm2. 
 
3.3.3 Initiation of the Discharge 
An electric arc in a gas is usually initiated by an avalanche process known as electric breakdown, 
depicted in Figure 3.5a. The free electrons naturally present in a low temperature gas are 
accelerated by the electric field and gain kinetic energy. Drifting towards the anode, the electrons 
collide with the neutrals and, if the electron has a kinetic energy larger than the ionization potential 
of the neutral, a second electron is freed, and the avalanche process continues.  
Additional electrons are provided by secondary emission at the cathode that contribute to increase 
the overall current. The two mechanisms augment each other and under suitable conditions cause 
a sudden and rapid growth of the current known as breakdown. These suitable conditions can be 
expressed in term of the breakdown voltage Vb given by 
 






  (3.4) 
Where the parameters A, C and  are constants of the gas, p is the pressure and d is the distance 
between the electrodes. Eq. 3.4 is known as Paschen’s law and is plotted in Figure 3.5b for a few 
common gases. 
The Paschen’s law can be qualitatively explained as follows. When the product pd is small, the 
gas is rarefied, and the electrodes are close to each other. Therefore, the electrons reach the anode 
after just a few collisions and the number of electrons generated in the process is not sufficient to 
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cause breakdown. On the other hand, when pd is large, the gas is dense, and collisions are very 
frequent. The electrons have not enough space between two collisions to gain a sufficient kinetic 
energy to ionize a neutral, and breakdown occurs only if the electric field is extremely strong. 
Between these two opposite scenarios, there is an intermediate condition where the breakdown 
voltage Vb is minimum and breakdown is easier to achieve. This minimum, known as Stoletow 
point, for most gases and practical electrodes distance occurs at very low pressure, between 0.1 




Figure 3.5 (a) Avalanche ionization process in a gas between two electrodes. (b) Paschen 
curves for several gaseous species. 
 
 
3.4 Design of ACT-II 
The newly built Arc-heated Combustion Test-rig II (ACT-II) is a pulsed, blow-down, hypersonic 
wind tunnel specifically designed to investigate combustion phenomena in supersonic flows. A 




Figure 3.6 Picture of the ACT-II Arc-heated Combustion Tunnel. 
 
3.4.1 An Historical Survey 
ACT-II can be considered an evolution of the facility ACT-I, developed by the University of Notre 
Dame in collaboration with Alta S.p.A. (Pisa, Italy) in 2013 [128]. ACT-I represents the first 
attempt to use a small-scale arc-heated facility for supersonic combustion research [76,84,138-
140]. Compared to ACT-I, ACT-II has been improved in arc-efficiency, optical accessibility and 
power system and it has been modified to include direct-connect operating mode. Both ACT-I and 
ACT-II designs were inspired by Alta’s hypersonic wind tunnel HEAT (High Enthalpy Arc-heated 
Tunnel), built in 1996 [141-143] and successfully operated for over 20 years in 
aerothermodynamics research including magnetohydrodynamics [144-147], shock-boundary layer 





3.4.2 Overview of the Facility 
Figure 3.7 shows a schematic of ACT-II. The working gases, nitrogen and oxygen, are initially 
stored in dedicated stainless steel tanks and injected into the arc-heater through fast opening (<6 
ms) solenoid valves. Air is heated by the electric discharge and expanded to supersonic speed 
through the converging/diverging nozzle. The nozzle is connected to an open test section where 
the pressure is initially set at vacuum level. The scramjet model is placed in the nozzle freestream 
inside the test section. The typical test time is in the order of 400-600 ms, during which the 
background pressure raises due to the mass injection. In order to limit the pressure rise and keep 
the nozzle flow under-expanded for entire duration of the test, the test section is connected to a 
large vacuum vessel that increases the total volume. After each test, the vacuum is restored in a 
few minutes (between 2 and 6 depending on the air mass flow rate) by the vacuum pump. The 
vacuum vessel also provides room for the installation of probes and optics for laser diagnostics. 
The single sub-systems will be discussed in further detail in the following sections 
 
Figure 3.7 Schematic of the ACT-II facility and its main components. 
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3.4.3 The Vacuum Subsystem 
The vacuum subsystem provides the low background pressure necessary to maintain the nozzle jet 
under-expanded for the entire duration of the test. It is composed by a vacuum tank and a pump. 
The vacuum tank is a 4 m3 stainless steel cylinder with internal diameter of 1.5 m. The vacuum is 
created by an Edwards GSX 250/2600 dry pump with a peak pumping speed of 1,900 m3/h and 
ultimate pressure 5×10-4 mbar. During venting operations, the pump can be isolated from the 
vacuum tank by a pneumatic gate valve Vacuum Research LPWA-160-ISO. The pressure in the 
vacuum tank is measured real-time by a Pirani/capacitance diaphragm vacuum sensor Agilent 
PCG-750 (atmospheric pressure to 5×10-5 mbar). 
 
Figure 3.8 Pressure decay curve in the ACT-II vacuum subsystem 
during pumping.  
 
Figure 3.8 shows the pressure drop (on a log scale) versus time in the vacuum tank during pumping 
operations. The ultimate vacuum pressure value of the facility is about 2×10-2 mbar and is reached 
after 12 minutes. The pressure curve is characterized by a double slope corresponding to the 
pumping speeds of the first (screw pump) and second stage (screw pump with a Roots booster), 
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being the booster activated below 20 mbar. Below 1 mbar, the pressure decay slows down as the 
leak rate becomes of the same order as the pumping speed. 
 
3.4.4 The Test Section 
The test section of ACT-II is a stainless steel tube (O.D. 16 in), 1020 mm long, with two flanges 
ISO-F 400 welded at both ends. In order to maximize the optical accessibility, the tube has three 
longitudinal slotted windows, 700 mm long, facing left, right and top direction. The bottom side 
has four ISO-KF 50 and one ISO-K 100 interfaces for the installation of mechanical, gas or signal 
feedthroughs.  
The presence of the slotted windows represented a severe challenge for the design due to the drastic 
reduction of the tube stiffness. Large thickness (0.5 in) and multiple welded reinforcements were 
necessary to achieve the necessary structural rigidity. Four longitudinal beams working in flexure 
were introduced to provide radial stiffness. To avoid lateral-torsional buckling, each beam was 




Figure 3.9 (a) Simplified CAD model of the test section used for the structural analysis. (b) 
Computational grid with the applied loads (pressure difference) and constraints. A safety factor SF=5 
was used in the design. 
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Deformation were a primary concern, especially for the windows housing. If sitting on an uneven 
support, the fused quartz windows used for UV laser diagnostics and imaging could collapse under 
the pressure load. To minimize deformations, the window frames were realized from a block of 
stainless steel 800 × 160 mm and 60 mm thick. An O-ring placed on the window frame, not only 










Figure 3.10 Results of the structural analysis for the test section performed with SolidWorks® Simulation 
Package. (a) Axial displacements. (b) Radial displacements. (c) Von Mises stresses.  
 
The final design was verified by FEM analysis using the SolidWorks® Simulation Package. The 
CAD model used in the analysis, shown in Figure 3.9a, is a simplified version of the real geometry 
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where holes, O-ring grooves and other minor features have been neglected. In addition, welded 
parts have been modeled as a single piece. The geometry was discretized by 30,444 tetrahedral 
elements (Figure 3.9b). A distributed pressure load was applied on the external surfaces exposed 
to the atmosphere. On the surfaces in contact with other elements like windows, flanges, etc. was 
applied a pressure corresponding to the entire load supported by those elements divided by the 
area of the contact surface. A fixed constraint was applied on the surface of the flange connected 
to the vacuum tank. The material selected for the test section was AISI 304, whose most relevant 
physical properties are listed in Table 3.2. In order to account for the approximations introduced, 
a safety factor SF=5 has been applied to all the loads. 
Table 3.2 Mechanical properties of AISI 
304 stainless steel used for FEM analysis.  
Property Value 
Density 8,000 kg/m3 
Young’s modulus 193 GPa 
Poisson’s ratio 0.29 
Shear modulus 77 GPa 
Tensile strength, yield 215 MPa 
Tensile strength, ultimate 505 MPa 
 
Figure 3.10 shows the results of the FEM analysis. Axial displacements (Figure 3.10a) are 
significative only at the reinforcement ribs and therefore are not a concern. As expected, radial 
displacements (Figure 3.10b) are maximized at the center of the test section, causing the window 
frames to bend inwards. Anyway, their maximum magnitude is limited to only 0.36 m, a value 
that can be very well compensated by the deformation of the O-ring. Yield strength of the material 
is verified using von Mises criterion (Figure 3.10c). As shown, the maximum value of von Mises 




3.4.5 The Arc-Heater 
The arc-heater of ACT-II, shown in Figure 3.11, can be ideally thought as composed of three 
sections: the arc chamber, the mixing chamber and the plenum chamber. 
 The arc chamber is the core of the system. It consists of a pair of electrodes (arranged in a 
coaxial configuration) a constrictor and a gas injector. The cathode is a cylinder (diameter 8.5 
mm) of lanthanated tungsten WL10 mounted on a stainless steel support. Tungsten is an ideal 
material for cathodes because of its good conductivity and high temperature resistance. The 
addition of 1% lanthanum oxide (La2O3) significantly reduces the work function (from 4.5 to 
2.71 eV) and improves the machinability. The anode is made of TZM molybdenum alloy and 
has an annular shape with an expanding internal diameter to facilitate the attachment of the 
electric arc. The electrodes are separated by a ceramic-made (boron nitride) constrictor that 
provides electrical insulation and arc stabilization as discussed in Section 3.3. The internal 
channel of the constrictor has a diameter of 8 mm and is 12 mm long. The gas in injected 
through 4 slanted holes surrounding the cathode. The discharge is initiated with argon gas, 
easier to ignite due to a lower breakdown voltage and then transitioned to nitrogen. To reduce 
erosion problems on the electrodes, oxygen is not introduced the arc-chamber. In this way is 
possible to avoid the detrimental effects of the atomic oxygen generated by dissociation of O2, 
known to be extremely aggressive on metals [151].  
 The mixing chamber is the part of the arc-heater where cold oxygen is mixed to the heated 
nitrogen to achieve the standard composition of air. It consists of the oxygen injectors, similar 




 The plenum chamber is a low speed channel with a length sufficient to guarantee a residence 
time long enough to reach thermodynamic equilibrium and flow uniformity. The pressure in 
the plenum chamber (corresponding to the stagnation pressure of the flow) is measured by a 
Kulite XTEL-190M-100A piezoresistive pressure transducer. A total of four access ports are 
available in the plenum chamber for the measurement of the stagnation conditions of the gas. 
The plenum chamber is manufactured in ceramic material (Macor®) in order to prevent electric 
discharges from the hot plasma to the wall. In addition, being Macor® an insulating material, 
it also limits the thermal losses at the wall. 
 All the internal elements of the arc-heater are contained in an external stainless steel shroud 
that provides sealing and the necessary gas and electrical feedthroughs. The shroud can be 












































3.4.6 The Power Circuit 
The electric power circuit of ACT-II is sketched in Figure 3.12. The arc-heater is powered by a 
250 kW Magna Power Series M unit (Figure 3.13a), a fast-response, fully programmable DC 
power supply able to provide up to 600 V of voltage and 400 A of current. To initiate the plasma 
breakdown, a high voltage is applied impulsively to the electrodes of the arc-heater by means of a 
contactor (C1 in Figure 3.12). The power supply is regulated in voltage and limited in current. The 
input parameters specified by the user are the set-point voltage Vsp and the current limit Ilim. The 
set-point voltage is applied to the load as far as the total current drawn stays below Ilim. When the 
limit current is exceeded, the power supply reduces the voltage to maintain the current at the limit 
value. In order to increase the chances of breakdown, the set-point voltage is usually set to the 
maximum available (Vsp=600 V). 
 
Figure 3.12 Diagram of the electric power circuit of ACT-II. 
 
A ballast resistor (Figure 3.13b) is connected in a series with the arc-heater. The ballast resistor is 
necessary to limit the current during the first instants after the ignition of the arc. In fact, ignition 
occurs at very low pressure (a few tens of Pa) and the low resistivity of the plasma column in these 
conditions would trip the overcurrent protection of the power supply. After the pressure is 
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stabilized, the resistance can be reduced using a second contactor to connect an additional resistor 
(R1) in parallel to the first one (R0). In this way it is possible to maximize the amount of power 
deployed into the arc. The resistors R0 and R1 consist of 12 resistive elements of 0.2  each, for a 
maximum resistance of 2.4  This arrangement gives ample flexibility in the selection of the 
ballast resistance as shown in Table 3.3, where for all the possible combinations of R0 and R1 the 





















Table 3.3 Composed resistance of the ballast resistor as function of R0 and R1. 
  R1 [] 
  0.2 0.4 0.6 0.8 1.0 1.2 1.4 1.6 1.8 2.0 2.2 2.4 
R0 
[] 
0.2 0.1 0.13 0.15 0.16 0.17 0.17 0.18 0.18 0.18 0.18 0.18 0.18 
0.4 0.13 0.2 0.24 0.27 0.29 0.3 0.31 0.32 0.33 0.33 0.34 0.34 
0.6 0.15 0.24 0.3 0.34 0.38 0.4 0.42 0.44 0.45 0.46 0.47 0.48 
0.8 0.16 0.27 0.34 0.4 0.44 0.48 0.51 0.53 0.55 0.57 0.59 0.6 
1.0 0.17 0.29 0.38 0.44 0.5 0.55 0.58 0.62 0.64 0.67 0.69 0.71 
1.2 0.17 0.3 0.4 0.48 0.55 0.6 0.65 0.69 0.72 0.75 0.78 0.8 
1.4 0.18 0.31 0.42 0.5 0.58 0.65 0.7 0.75 0.79 0.82 0.86 0.88 
1.6 0.18 0.32 0.44 0.53 0.62 0.69 0.75 0.8 0.85 0.89 0.93 0.96 
1.8 0.18 0.33 0.45 0.55 0.64 0.72 0.79 0.85 0.9 0.95 0.99 1.03 
2.0 0.18 0.33 0.46 0.57 0.67 0.75 0.82 0.89 0.95 1 1.05 1.09 
2.2 0.18 0.34 0.47 0.59 0.69 0.78 0.86 0.93 0.99 1.05 1.1 1.15 
2.4 0.18 0.34 0.48 0.6 0.71 0.8 0.88 0.96 1.03 1.09 1.15 1.2 
 
A simple balance of the electric circuit can be written as 
 
sp arc totV V R I     (3.6) 
where Vsp is the set-point voltage of the power supply, I is the total current through the circuit, Rtot 
is the total ballast resistance and Varc is the voltage across the arc. In first approximation, Varc can 
be considered independent on the current I, being determined only by the geometry of the 
electrodes/constrictor arrangement and by the gas composition and pressure [134]. A graphical 
representation of Eq. 3.6 is given in Figure 3.14 (red lines) and compared with the power supply 
V-I characteristic (in blue).  For a give value of Varc, the same amount of power Psup, can be 
extracted from the power supply at each point along the arc of hyperbola A-B. Defining the 
electrical efficiency of the circuit as 
 
power delivered to the arc








  ,  (3.7) 
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it is evident that the efficiency is maximized at the highest possible current, i.e. point B on the 
curve, where the ballast resistance is smaller. Maximum power output from the power supply can 
be obtained only at point C on the graph. 
 
Figure 3.14 Electric circuit V-I characteristic diagram. 
 
An example of the operations of the arc-heater is shown in Figure 3.15, where voltage, current and 
pressure of the plasma are plotted versus time for a typical test. The sequence is labelled as follows: 
1. The first contactor C1 is closed and a voltage of 600V is applied to the electrodes of the arc-
heater while they are still in a vacuum. 
2. An argon flow is started into the arc chamber and the electric discharge initiates by voltage 
breakdown.  
3. Transition to nitrogen begins by opening the nitrogen valves while argon is still flowing. At 
the same time the oxygen valves are also opened. The voltage drop increases due to the lower 
conductivity of the gas and the current is reduced as consequence. 




5. The second contactor C2 is closed and resistors R0 and R1 are connected in parallel reducing 
the overall resistance and increasing the current accordingly. The useful test time starts at this 
point. As shown in the figure, the parameters of the arc are remarkably stable during the test 
time. The maximum test time achievable is on the order of 1 second (limited by electrodes 
overheating), but for most purposes 400 to 600 ms are usually sufficient. 
6. The power is shut down and the arc extinguishes. Cold air is blown through the arc-heater to 
lower the temperature of the electrodes and insulating parts. 
7. The nitrogen and oxygen valves are closed and the test is concluded. 
 
Figure 3.15 Typical pressure, voltage and current of the electric discharge measured inside the ACT-II 
arc-heater during a test. 
 
3.4.7 The Converging/Diverging Mach 4.5 Nozzle 
ACT-II is provided with a contoured, axisymmetric nozzle designed to obtain a uniform air flow 
at Mach 4.5. The nozzle design is largely based on the method proposed by Sivells [152] and is 
composed by two steps.  In the first step the inviscid contour is generated by the method of 
characteristics (MoC), in the second step, the inviscid contour is corrected to take into account the 







Figure 3.16 (a) Inviscid flow structure for a nozzle computed by the Sivells method [152]. (b) 
Characteristic network and interpolated inviscid contour. The final corrected contour is also shown as 
reference. Note: r and x coordinates (not to scale) are non-dimensionalized with the throat radius r*. 
 
Figure 3.16a shows the structure of the inviscid flow obtained by the Sivells methods. The initial 
characteristic TI is computed by interpolation using an approximate solution of the transonic flow 
equations in the throat. The radius of curvature of the wall Rc at the throat was set 5 times the throat 
radius r*. The transonic flow is then turned into a radial flow by the first characteristic region 
IEGT, where a polynomial distribution of the Mach number along IE. The bulk expansion takes 
place in the radial flow region EBAG. The angle  is one of the parameter of the method and was 
set to 10 deg. The flow is expanded radially up to reach the design Mach number and then it is 
straightened into a parallel uniform flow by a Busemann1 region JCD. To guarantee a sufficiently 
smooth radial-to-uniform transition, a buffer region ABCJ is usually interposed, with a polynomial 
                                                 
1 named after the German aerodynamicist Adolf Busemann that was the first to apply this method.  
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distribution of the Mach number along the segment BC. By the properties of hyperbolic PDEs, a 
smooth distribution of the Mach number on the axis will guarantee a smooth (continuous with 
continuous derivatives) wall contour. An important requirement to avoid early boundary layer 
instabilities. 
The results of the calculation by the MoC are shown in Figure 3.16b. Once the network of 
characteristics is computed upstream and downstream of the radial flow region, the inviscid 
contour is obtained as the streamline passing through the point T up to the intersection with the 
Mach line CD. 
In the Sivells method, boundary layer correction is implemented by integrating the compressible 
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is the displacement thickness. For a turbulent boundary layer, the velocity profile can usually be 




Equation (3.8) can be integrated using the Mach number distribution Me(x) obtained from the 
inviscid solution and by providing modeling for the friction coefficient Cf(x) and the density 
distribution across the boundary layer / ( / )e ef u u    (see Ref. [152] for the details of the 
models used). The wall radial coordinate rw(x) and slope w(x) are initially obtained from the 
inviscid profile y(x) and the updated as 
 2 2 2
1 1 sec sec secw w w wr y y y    
     
 
,  (3.11) 
iterating the above procedure to convergence. 
The final nozzle contour was verified by CFD simulations for stagnation enthalpy and pressure of 
2400 K and 1.2 bar respectively. The gas in the plenum chamber was assumed to be in 
thermodynamic equilibrium and its properties and composition, computed with Cantera [153], are 
reported in Table 3.4.  
The simulations were performed in OpenFOAM® environment using the reactiveFoam solver. A 
five-species ideal gas mixture, including N2, O2, NO, N and O was considered, with chemical 
kinetics modeled according to Dunn and Kang [154]. Turbulence was considered using RANS 
approach with k- turbulence model. The results are shown if Figure 3.17 that shows the Mach 
number contour (Figure 3.17a) and the distribution of the flow properties at the exit (Figure 3.17b). 
The average properties of the core flow are reported in Table 3.4. 
Figure 3.18 shows the final geometry of the nozzle and a table with the coordinates of the 
supersonic profile. For manufacturing reasons, it was necessary to machine the nozzle in two 









Temperature, T K 2,400 609.0 
Pressure, p Pa 120,000 449.5 
Density,  kg/m3 0.173 0.0026 
Velocity, V m/s ~0 2,085 
Mach #, M - 0 4.35 
Unit Reynolds #, Re/L m-1 0 1.8105 
N2 mass fraction % 76.10 76.10 
O2 mass fraction % 21.78 21.78 
O mass fraction % 0.2 0.2 
NO mass fraction % 1.92 1.92 




































































































3.5 Flow Characterization 
In this section, the results of the characterization of the facility will be discussed, focusing in 
particular on stagnation conditions and freestream. 
 
3.5.1 Stagnation Conditions 
The stagnation temperature of the flow is a fundamental parameter for the characterization of the 
facility and the control of the experiments. In a pulsed facility, a direct measurement of the 
temperature in the plenum chamber is not possible, because the test time is not long enough for a 
probe to reach thermodynamic equilibrium with the gas. In addition, unknowns such as the 
chemical composition of the gas, catalytic behavior of the surface, radiative heating, etc. would 
make the estimation of the recovery factor very difficult and the measurement inaccurate. In ACT-
II the stagnation temperature is estimated by two different methods, one based on the mass balance 
equation across the arc-heater and the other based on the heat flux measurement at the stagnation 
point of a spherical probe in the supersonic freestream.  
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 . (3.12) 
where  p0 is the stagnation pressure and is measured directly in the plenum chamber, A* is the sonic 
area of the nozzle and is known, 
2Nm  and 2Om  are the input mass flow rates of nitrogen and oxygen 
and can be calculated from the pressure measurement upstream and downstream of the injection 
valves using the calibration parameters provided by the manufacturer. The pressures are measured 
using fast response transducers Honeywell PX2. The stagnation temperature T0 is therefore the 
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 . (3.13) 
Note that since the gas properties R and  depend on the composition of the gas and therefore on 
p0 and T0, Eq. 3.13 must be solved iteratively. Knowing stagnation temperature and pressure, the 
enthalpy can be computed from thermodynamic equilibrium. In particular, the polynomial fittings 
by Gupta et al. [155] have been used in the present work. 
An alternative way to measure T0 is to use a heat flux probe placed in the supersonic freestream 
[156]. These probes usually have a spherical nose of radius Rc with a thermocouple installed at the 
stagnation point. The material used for the probe should match as close as possible the thermal 
properties of the thermocouple and should have low thermal conductivity to minimize the effects 
of internal heat conduction. From the wall temperature signal, the local heat flux wq  is computed 
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solving numerically the one-dimensional heat equation in spherical coordinates. Figure 3.20 shows 
an example of such a computation for a typical test, the jump in heat flux at 0.27 s corresponds to 
the transition from argon to air in the tunnel. 
  
Figure 3.20 Example of heat flux at the stagnation point (right) computed from the 
temperature measurement (left) during a typical test. 
 
The stagnation enthalpy h0 of the flow is estimated using the approximated solution of the thermal 






h h K q
p
    (3.14) 
where hw and pw are static enthalpy and pressure of the flow at the stagnation point. 
Uncertainties related to material properties, probe geometries and solution of the convective heat 
transfer problem could potentially lead to significant systematic errors in the measurement. To 
improve the accuracy four different probes were built, using two different geometries and two 
different materials. Figure 3.21 shows a schematic of the geometries used, A and B have both a 
spherical nose, but different radius of curvature, 6 mm and 4 mm respectively. All the probes are 






at the stagnation point. The two materials used are Constantan (alloy 55% Cu-45% Ni) and 
stainless steel 410, because both have a coefficient ck  close to that of the thermocouple 
materials. Their thermal properties, certified by the manufacturer, are reported in Table 3.5, where 
 is the density, c is the specific heat and k is the thermal conductivity. 
 
 
Figure 3.21 Temperature probe geometries (dimensions in mm). 
 
Table 3.5 Thermal properties of the 
materials used for the temperature probes.  
  Cu55/Ni45 SS 410 
  kg/m3 8900 7640 
c  J/kg K 390 460 
k  W/mK 19.5 25.1 
ck  J/m2 K s1/2 8227 9392 
/k c  m2/s 5.62×10-6 7.14×10-6 
 
The results of the measurements are presented in Figures 3.22-25. All the experiments were carried 
out using a mixture composition (by volume): 80% nitrogen and 20% oxygen. The temperature 
probe was mounted coaxially to the nozzle with the tip aligned to the exit plane. Several values of 
current (between 200 A and 400 A) and mass flow rate (between 7.3 g/s and 22.2 g/s) were tested 
for each one of the four probes.  
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In Figure 3.22, the total enthalpy computed from mass conservation is used as reference to compare 
the results obtained with the temperature probes. Most of the data from the temperature probes fall 
within a ±15% range around the value computed from mass conservation, showing good 
agreement between the two methods. Only the values measured by the stainless steel R6 probe 
consistently overestimate the enthalpy respect to the other methods, especially in the high enthalpy 
range (above 2.5 MJ/kg) where the discrepancy exceeds 20%. This behavior could be due to a 
defective thermocouple or an incorrect mounting and needs to be further investigated.  
In Figure 3.23, the performance of the arc-heater is evaluated on a total enthalpy versus total 
pressure chart. The total enthalpy in this case is calculated using the method based on mass 
conservation (Eq. 3.13). The data are grouped into constant mass flow and constant current series. 
As expected, increasing the mass flow rate at constant current increases the total pressure, because 
of the higher density of the gas in the plenum chamber, whereas the enthalpy per unit mass 
decreases due to the larger total mass to heat. Note that the increase in pressure is less than linear 
with respect to the mass flow, this is a consequence of the larger pressure losses inside the arc-
heater due to the higher flow speed. At constant mass flow, increasing the current has the effect of 
augmenting the power dissipated by the arc and therefore the heating of the gas. As consequence 




Figure 3.22 Total enthalpy of the gas measured by the temperature probes vs 
the corresponding value estimated by mass conservation considerations. 
 
 
Figure 3.23 Total enthalpy vs total pressure chart, as function of current and 





Figure 3.24 Heating rate of the flow plotted vs the electric power of the arc as 
function of current and mass flow rate in the arc-heater. (Color legend. Blue: 
400 A, green: 350 A, yellow: 300 A, red: 250 A, purple: 200 A. Symbol legend. 
□: 22.2 g/s, Δ: 13.3 g/s, ○: 7.3 g/s). 
 
 
Figure 3.25 Arc voltage plotted vs current as function of current and mass 
flow rate in the arc-heater. (Color legend. Blue: 400 A, green: 350 A, yellow: 




In Figure 3.24, the gas heating rate 
0m h  is plotted versus the electric power of the arc V I for the 
same set of data of Figure 3.23. In this case, the same color corresponds to the same current, 
whereas the same marker shape is used for tests with the same mass flow rate. The slope of the 
lines on this chart represents the thermal efficiency th of the heating process according to the 
energy balance 
 0 thm h V I  .  (3.15)  
For the present configuration of the arc-heater, the efficiency ranges from 46 to 55%. As shown in 
the figure, the efficiency does not depend appreciably on the current. This result, in agreement 
with the theory of Stine and Watson [134] is expected to hold until the temperature is low enough 
for the radiation losses to be negligible. On the other hand, the mass flow rate strongly affects the 
thermal efficiency of the arc. In particular, at the lowest mass flow rate tested (7.3 g/s) the 
efficiency is about 48%. The efficiency increases to 55% at 13.3 g/s and drops back to 46% at the 
highest mass flow rate (22.2 g/s).  
Figure 3.25 shows the voltage drop versus the arc current for each one of the tests performed. The 
characteristic of the arc exhibits a neutral or slightly negative slope as expected in this range of 
current [132]. The value of the voltage drop across the electrodes is strongly affected by the mass 
flow rate of the gas, ranging from 100 V – 110 V at 7.3 g/s to 165 V – 175 V at 22.2 g/s. Also the 
slope of the characteristic changes, becoming more negative when the mass flow rate is increased. 
Iso-lines of total electric power (dashed) and bulk resistance (solid) of the arc are shown on the 





3.5.2 Freestream Flow 
The freestream of the facility was characterized using the pitot probe shown in Figure 3.26. The 
probe is composed of a metallic tube with a sharp conical tip housing a Kulite XCS-062-5 psiA 
pressure sensor mounted coaxially. 
 
Figure 3.26 Supersonic pitot probe. 
 
The probe was mounted on a remotely controlled translational stage to scan radially the flow at 
the exit of the nozzle. The pitot pressure ppitot measured by the probe corresponds to the stagnation 
pressure of the flow downstream of a normal shock and is related by the stagnation pressure of the 
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Since p0 and ppitot are both measured, Eq. 3.16 can be used to compute the freestream Mach number 
M . The results of the measurements for low-enthalpy conditions (arc-off) are shown in Figure 
3.27, where the corresponding Mach number profile obtained from the CFD simulation is shown 
for comparison. In these conditions the Mach number was found to be remarkably uniform in the 
core flow, with an average value of 4.56 in good agreement with the numerical predictions. The 
size of the core is estimated to be about 40 mm in diameter. In the boundary layer the flow Mach 
number is expected to decrease towards the wall but, since the measurements are taken about 10 
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mm downstream of the exit, the Mach number actually increases by effect of the free-jet expansion 
in a vacuum. 
 
Figure 3.27.  Mach number distribution measured and comparison 
with CFD predictions. 
 
The pitot pressure was also used to evaluate the noise level in the freestream, defined as the ratio 
between the r.m.s. value of the fluctuating component over the mean value. The results are plotted 
in Figure 3.28. In this case the unity Reynolds number is 6.14 × 106 m-1. Inside the core of the flow 
(r < 20 mm) the noise level is in the order of 8% and rapidly grows inside the turbulent shear layer, 
where the fluctuations increase by effect of the turbulence and the average pitot pressure decreased 
because of the expansion. 
Figure 3.29 shows a cross-sectional side view of the freestream at the nozzle exit visualized by 
planar laser Rayleigh scattering (PLRS) technique, described in more detail in Chapter 5. The flow 
in this case is 100% CO2 and the freestream Mach number is about 4. The theoretical Mach cone 
limits are shown for reference.  
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The flow inside the Mach cone appears remarkably uniform and turbulence-free. Outside the cone, 
the light intensity tends to decrease because the flow becomes more rarefied in correspondence of 
the expansion fan. In fact, the intensity of PLRS signal depends on the number of scattering 
particles and therefore is closely proportional to the local flow density. Finally, at the top-left and 
right-left corners of the picture, it is possible to see the large turbulent structures at the edge of the 
boundary layer. 
 
Figure 3.28 Overall noise level distribution at the nozzle exit and zoom 
on the core region. A line corresponding to 8% is shown for reference. 
 
 
Figure 3.29  PLRS side image of the freestream at the nozzle exit. The theoretical 
Mach cone is shown for reference. 
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3.5.3 Repeatability of the Flow Conditions 
The repeatability of the flow conditions in the facility was tested performing 24 consecutive runs 
in the same nominal conditions. The shot-to-shot variation of all the arc-heater parameters 
measured is plotted in Figure 3.30. In each plot, along with the experimental data, the ensemble 
average (black line) and the corresponding ±1% variation (green and red) are shown. Average, 
standard deviation and relative standard deviation are also summarized in Table 3.6. 
All the parameters were found repeatable within 1%. The total temperature, having a relative 
standard deviation less than 2%, is the one that exhibited the largest variation. However, it needs 
to be pointed out that the total temperature is not measured directly but it is computed by means 
of Eq. 3.13 using the measured values mass flow rate and total pressure. Therefore, its variation is 
the result of the error propagation of these other variables. 
Table 3.6 Repeatability of the flow parameters in ACT-II. 
   AVG STDEV %STDEV 
Mass Flow N2 [g/s] 8.71 0.04 0.42 
Mass Flow O2 [g/s] 2.24 0.02 0.82 
Mass Flow Total [g/s] 10.95 0.05 0.44 
Supply Voltage [V] 533.62 1.88 0.35 
Arc Voltage [V] 149.40 1.62 1.09 
Arc Current [A] 398.89 0.31 0.08 
Total pressure [kPa] 101.67 0.75 0.74 
Total temperature1 [K] 2266.89 44.03 1.94 



















A new arc-heated hypersonic facility for supersonic combustion research has been built and tested 
at the University of Illinois at Urbana-Champaign. The facility, denoted ACT-II, will be used to 
investigate the physics of high-speed reacting flows, under conditions relevant for hypersonic 
airbreathing propulsion (ramjets and scramjets) and to develop new diagnostic techniques.  
The main features of the design are discussed in the first part of the chapter. After giving an 
overview of the entire system, the single components: vacuum system, test section, arc-heater, 
power system and nozzle are analyzed in more detail.  The advantages of ACT-II, compared to 
similar small-scale facilities, is the capability to combine realistic stagnation enthalpies with 
extended test time (~ 1 second). 
The second part of the chapter is dedicated to the characterization of the stagnation and freestream 
conditions. The stagnation enthalpy was evaluated by two different methods, the first based on 
mass conservation and the second on heat flux measurements in the freestream. The two methods 
were found to be in good agreement and enthalpies in a range between 1 MJ/kg and 3.5 MJ/kg 
were measured for different values of arc current and mass flow rate. The Mach number at the exit 
of the nozzle was measured as function of radius using a pitot probe. The pitot pressure 
measurements were also used to quantify the noise level of the flow. The flow at the nozzle exit in 
low enthalpy conditions was visualized using planar laser Rayleigh scattering. 
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CHAPTER 4  
COMBUSTION INDUCED CHOKING 
 
4.1 Introduction 
This chapter investigates the underlying mechanism of choking in a supersonic combustor of 
constant area. As discussed in Chapter 2, there are a variety of factors (friction, mass injection, 
heat addition, etc.) that can induce a supersonic internal flow to choke. In a practical system, all 
these factors simultaneously contribute in some extent to the reduction of the flow Mach number 
until sonic conditions are reached. A fundamental problem is the assessment of the relative 
importance of each one of these contributions to determine which one is predominant. Of particular 
interest for scramjet applications is the role played by combustion heat-release. To separate as 
much as possible the contribution of combustion from those of other sources, a comparative study 
is performed between tests in the same nominal flow conditions but injecting air in one case and 
fuel in the other.  
In order to effectively approach this problem, the geometry of the combustor is chosen to be as 
simple as possible, i.e. a circular cylinder. In this way, it is possible to mitigate undesired three-
dimensional effects (corner flow, etc.) and analyze the experimental data in the framework of a 






4.2 Experimental Setup 
This section describes the setup used for this experimental activity, including the combustor 
configuration, the diagnostic tool used, and the conditions tested. 
 
4.2.1 The Direct-Connect Circular Combustor 
In the present study, ACT-II was operated in a direct-connect mode. As shown in Figure 4.1, the 
arc-heater was connected to a contoured, axisymmetric plug-nozzle designed for Mach 2.8. The 
exit of the nozzle extends into a constant area combustor (I.D. 28 mm and 400 mm long) 
instrumented with 11 coaxial thermocouples Medtherm TCS-031-K flush-mount at the wall and 
18 pressure transducers (Kulite XTE-190SM-5A) equally spaced along the flow direction. The 
nozzle plug has a constant diameter of 8 mm and serves as fuel pipe. The fuel (ethylene) is injected 
radially, in transverse jet configuration, through 4 nozzles located at the plug tip. The fuel nozzles 
are supersonic (Mach 3.3) with a 1 mm throat and conical (aperture 50 degrees) divergent part.  
 
Figure 4.1 Direct-connect supersonic combustor configuration of ACT-II and instrumentation. 
 
The Mach number at a location 30 mm upstream of the combustor exit (PS18) is estimated by 
simultaneously measuring the static and pitot pressure and applying the well-known Rayleigh-
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Pitot formula. The pitot probe used consists of a metal tube (I.D. 4 mm) with a conical tip (30 
degrees) 90 mm long and instrumented with a pressure transducer (Kulite XTE-190SM-5A). As 
alternative to the pitot probe a heat flux probe can be installed at the combustor exit. Applying the 
same technique described in Section 3.5.1, it is possible to obtain a qualitative estimation of the 
stagnation enthalpy of the flow, through the Sutton and Graves [157] relation (Eq. 3.14). In this 
case, a further uncertainty is represented by the constant KSG that depends on the gas composition 
that is not known a priori. The heat flux probe chosen for this application was the R=4 mm 
constantan probe, that proved to be the most sensitive. 
 
4.2.2 Laser Diagnostics and Flame Visualization 
The instrumented metal combustor can be replaced by a quartz tube for flow visualization 
purposes. Two types of visualization have been performed in this study. The structure of the flame 
during unstart has been investigated using planar laser induced fluorescence of the OH radical 
(OH-PLIF) at 10 Hz, whereas the dynamics of the pseudo-shock propagation has been visualized 
at high speed using OH* chemiluminescence. The optical setup for OH-PLIF is shown in Figure 
4.2. The second harmonic of a 10 Hz Nd:YAG laser (532 nm) was used to pump a Rhodamine 590 
dye laser doubled in frequency. The dye laser was tuned on the Q1(8) transition of the A2Σ+ − X2Π 
(1,0) vibronic band of the OH molecule at 283.55 nm. The low temperature-dependency of this 
transition makes it attractive for the visualization of the OH radical concentration. The output beam 
was aligned with the axis of the combustor using UV mirrors and expanded into a laser sheet 
covering the entire longitudinal section of the combustor. Fluorescence was collected at 90 degrees 
using an intensified charge-coupled device (ICCD) camera (LaVision Imager Intense) equipped 
with a 310 ± 5 nm bandpass filter. Relative timing among laser, camera and tunnel was controlled 
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by a digital computer. OH* chemiluminescence was collected at 20 kHz using a Photron Fastcam 
SA5, intensified by a LaVision high-speed IRO (gate time 5 s) and provided with the same OH 
bandpass filter. 
 
Figure 4.2 OH-PLIF optical setup. 
 
 
4.2.3 Test Conditions 
Two different freestream conditions (summarized in Table 4.1) were used in this study. The need 
for two separate conditions arises from the practical necessity to induce choking at a convenient 
fueling rate depending on the phenomena investigated. In fact, the fueling rate of the facility can 
be controlled in a relatively limited range and the capability to choke the flow within this range 
depends principally on the initial temperature of the flow. Experimentally, it was observed that if 
the temperature is too low (T0 < 2000 K), combustion becomes inefficient and the heat produced 
is not sufficient to induce choking at any fuel concentration. Increasing the temperature above a 
certain threshold (T0 ~ 2100-2200 K) choking can occur, but at very high fuel concentration, 
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because the combustion efficiency is still low. At even higher temperature (T0 > 2300 K) the 
chemistry becomes more effective and choking may occur even at very low fuel concentration (< 
0.4). Flow temperature can therefore be used to set the choking limit at a convenient value for the 
experiment.  
When investigating sub-critical conditions, it is convenient to lower the temperature, delaying 
choking at higher fuel concentrations. In this way is possible to examine the flow pattern towards 
choking in a greater detail. This corresponds to condition A of Table 4.1, where the stagnation 
temperature is 2150 K and the critical equivalence ratio is 1.26. On the other hand, when the super-
critical behavior is studied, it is convenient to increase the stagnation temperature in order to lower 
the critical equivalence ratio like in condition B, where they are respectively 2350 K and 0.58. 
 
Table 4.1 Summary of flow conditions used. 
Flow condition  A B 
Stagnation temperature [K] 2150 2350 
Stagnation pressure [kPa] 110 100 
Mach number  2.8 2.8 
Static temperature* [K] 837 915 
Static pressure [Pa] 4053 3685 
Density* [kg/m3] 0.0168 0.0140 
Velocity* [m/s] 1623 1698 
Critical equivalence ratio 1.26 0.58 






4.3 Choking Mechanism 
This section presents the finding of the investigation on the choking mechanism in a supersonic 
circular combustor of constant area. The results of the measurements performed are shown, starting 
from the heat flux at the combustor exit and then moving to the pressure distribution at the wall, 
the pitot pressure measurements at location PS18 and the calculation of the Mach number. At the 
end of the chapter a novel choking mechanism is finally proposed.  
 
4.3.1 Heat Flux Measurements 
In this section the effects of combustion heat release on the supersonic core flow are considered. 
A heat flux probe placed at the combustor exit was used to estimate qualitatively the amount of 
heating experienced by the gas mixture. According to Rayleigh one-dimensional theory, starting 
from an inlet Mach number of 2.8, a 48.4% increase in stagnation enthalpy is necessary to reach 
thermal choking. Therefore, if heat addition is the dominant mechanism for Mach number 
reduction and choking in the supersonic core, its effect should be reflected by the heat flux 
measurements, in agreement with Eq. 3.14.  
Equation 3.14 establishes a relation between heat flux and flow stagnation enthalpy that also 
involves the pressure at the stagnation point pw. The pressure pw can be measured for each 
condition using the pitot probe.  Nevertheless, the results of the measurements (see Table 4.2) 
showed that the variations of pw in the range of conditions tested are small compared to the 
variations of wq  and can be neglected. It is therefore expected a direct correspondence between 




Figure 4.3 Stagnation point heat flux measured at the exit of the 
combustor vs equivalence ratio for reacting and non-reacting 
mixtures. 
 
Figure 4.3 summarizes the heat flux measured obtained in flow condition A as function of the 
overall equivalence ratio, from the leanest condition at =0.56 up to the critical value  =1.26 
where choking may occur. For each fueling level (red dots), the heat flux measured injecting the 
same amount of air is shown for comparison (blue squares).  
A contribution from combustion can be seen at lean conditions where the reacting mixture yields 
heat fluxes 10 to 18% higher than the non-reacting. This effect vanishes at higher fuel 
concentrations where the measured values are essentially the same for both reacting and non-
reacting mixture. Even close to the incipient choking condition (=1.26) no significant 
contribution of combustion heat release is observed. Furthermore, the heat flux in the reacting case 
decreases as the fuel concentration is increased, indicating that the additional heat release produced 
by burning more fuel is not even sufficient to compensate for the reduction of the average flow 
temperature due to the supplemental injection of cold mass. These results suggest that the 
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combustion heat release has a very limited effect on the stagnation enthalpy of the supersonic core, 
and the occurrence of thermal choking is therefore implausible. 
 
4.3.2 Wall Pressure Distribution 
Figure 4.4 shows the pressure distribution along the combustor tube obtained in flow condition B, 
using ethylene as fuel and increasing the overall equivalence ratio from 0.48 to 0.84. The unfueled 
pressure profile is also shown for reference. Under these conditions, incipient choking occurs at 
=0.58 where either stable supersonic or choked flow are possible. At  <0.58 the flow is 
supersonic in the entire combustor as showed by the positive pressure gradient. Increasing the 
equivalence ratio, a slight pressure build-up is observed in the second half of the combustor. When 
choking occurs at =0.58, a pseudo-shock is formed and propagates up to an equilibrium position 
where it stays until the fuel injection is interrupted. The pseudo-shock is characterized by a steep 
pressure raise that extends for 3-4 channel diameters, followed by a slow pressure decay indicating 
that the flow downstream is subsonic. As the equivalence ratio is further increased, the pseudo-
shock is pushed upstream and at  =0.74 starts interacting with the fuel injectors. The time required 
for the pseudo-shock to reach its final equilibrium position is in the order of 10 to 40 ms depending 
on the flow and fueling conditions. Aspects related to the dynamics of the pseudo-shock 
propagation are discussed in the last part of this section. 
To better understand how the critical conditions are reached, the sub-critical pressure distribution 
is investigated in greater detail using flow condition A, where choking occurs at  =1.26. The 
results are shown in Figure 4.5, eight increasing fueling rates from =0.56 to  =1.26 were tested. 
For each equivalence ratio, the pressure distribution obtained in the reacting mixture is compared 
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with its non-reacting counterpart. A common unfueled pressure profile is also shown for reference. 
The position x=0 corresponds to the injector location.  
 
Figure 4.4 Pressure distribution as function of the equivalence ratio for flow condition B. 
 
In all the conditions examined, a combustion-induced pressure rise starts to build up at x=120 mm, 
reaching a maximum at the combustor exit. The relative pressure difference at the exit between 
reacting and non-reacting cases ranges between 35% and 40% for all fueling rates except for the 
leanest ( =0.56) where the increase is only 21% (Figure 4.6). Combustion-induced pressure rise 
in a supersonic combustor is a well-known phenomenon and it is believed that under particularly 
severe conditions, the adverse pressure gradient could separate the boundary layer on the 
combustor wall and cause the flow to choke. As described in Section 2.3.1, Frost et al. [78] found 
that the Korkegi criterion [39], a criterion developed to predict shock-induced boundary layer 
separation, was also able to predict unstart in their constant area scramjet model. The authors 
therefore argued that unstart was likely caused by pressure-induced separation. Im et al. [76] also 








Figure 4.5 Comparison of pressure distribution in a reacting (fuel) and a non-reacting (air) mixture at 
several sub-critical equivalence ratios and flow conditions A. 
 
This hypothesis was tested by applying the Korkegi criterion to the present case. According to Eq. 
2.14, with an upstream Mach number of 2.8, a pressure ratio of 3.35 would be required to induce 
separation, corresponding to a maximum pressure of 13.2 kPa. From Figure 4.5 it is evident that 
even close to critical conditions (i.e.  =1.26), the maximum pressure observed is well below this 
limit, being slightly above 8 kPa. In addition, in agreement with the observations by Laurence et 
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al. [79,80], flow visualization did not provide any evidence of boundary layer separation preceding 
choking. It seems therefore implausible that boundary layer separation could be the driving 
mechanism of choking. 
 
Figure 4.6 Relative pressure difference at the combustor 
exit between reacting and non-reacting case as function of 
the overall equivalence ratio. 
 
4.3.3 Pitot Pressure and Mach Number Measurements 
In all the conditions tested where choking occurred, the choking location was found to be at the 
exit of the combustor. Therefore, it is of interest to see how the Mach number near the exit changes 
in the different conditions. 
The Mach number was computed at location PS18 of Figure 4.1, located 30 mm upstream of the 
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relating the ratio between static pressure in front of a normal shock, p2, and stagnation pressure 
after the shock pt3 to the incoming Mach number M2, was then solved to obtained M2. An example 
of this calculation is shown in Figure 4.7 for a case with flow condition A and ethylene injection 
at critical equivalence ratio. The original pressure signals are shown in Figure 4.7a and the 
corresponding Mach number is shown in Figure 4.7b. Note that when the Mach number becomes 
subsonic Eq. 4.1 cannot be used anymore. In this case, the Mach number is computed using the 
isentropic flow relations. 
With reference to Figure 4.7b, before fuel injection (t < 0 ms) the Mach number is about 2.6. When 
the injection begins it quickly drops to 1.7 because of the shock compression induced by the jets-
crossflow interaction. After about 30 ms of fueling the flow chokes at the combustor exit and a 
shock propagates upstream. After the shock has passed at the sensors location, the Mach number 
becomes subsonic (about 0.9).  
  
(a) (b) 
Figure 4.7 (a) Static and pitot pressure vs time for a choked case with flow conditions A and =1.26.  





4.3.4 Total Pressure Ratio and Irreversibilities 
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 . (4.2) 
Since the stagnation pressure of the flow entering the combustor, pt1, is measured in the plenum 
chamber of the facility, the overall irreversibility across the combustor can be evaluated by 
applying the definition and considering that, as shown by the heat flux measurements, the 
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.  (4.3) 
A source of uncertainty in the application of Eq. 4.1-4.3 is represented by the specific heats ratio 
 of the mixture. The actual value of  is expected to be highly non-uniform, affected by vibrational 
non-equilibrium, air-fuel mixing, combustion efficiency, etc. An accurate estimation of is 
extremely complicated and beyond the scope of the present analysis. Heiser and Pratt [1] 
recommend a representative value =1.31 for the entire combustor. 
The results of the analysis are reported in Table 4.2 where, for each condition tested, the 
corresponding heat flux (as in Figure 4.3) is also included. Figure 4.8a shows a plot of the Mach 
number at combustor exit as function of the irreversibility computed with Eq. 4.3 for unfueled, air-




Table 4.2 Summary of the results of the pitot pressure measurements and 
calculation of the Mach number at the combustor exit. 
injection  J p01 p2 p02 p03 M2 qw 
 - - kPa kPa kPa kPa kPa kW/m2 
none 0 0 110.2 4.128 82.04 35.56 2.58 1,476.5 
air 0.56* 0.31 110.5 5.568 44.85 30.86 2.03 1,303.5 
air 0.68* 0.38 110.4 5.245 49.48 31.64 2.13 1,232.8 
air 0.78* 0.43 109.9 5.328 49.43 31.86 2.12 1,289.4 
air 0.87* 0.48 110.1 5.478 49.39 32.26 2.10 1,351.7 
air 0.97* 0.54 110.1 5.562 48.60 32.21 2.08 1,402.2 
air 1.06* 0.59 110.1 5.646 47.03 31.87 2.05 1,312.9 
air 1.17* 0.64 110.3 5.751 46.07 31.77 2.03 1,331.3 
air 1.26* 0.69 110.2 5.837 45.50 31.77 2.01 1,304.5 
fuel 0.56 0.30 110.7 6.757 41.62 32.10 1.86 1,429.3 
fuel 0.68 0.37 110.4 7.181 40.25 32.21 1.80 1,459.8 
fuel 0.78 0.42 110.3 7.347 39.93 32.33 1.78 1,423.6 
fuel 0.87 0.47 110.4 7.512 39.67 32.46 1.76 1,431.0 
fuel 0.97 0.52 110.6 7.654 39.28 32.48 1.75 1,386.6 
fuel 1.06 0.58 110.8 7.669 39.36 32.54 1.75 1,355.2 
fuel 1.17 0.62 110.6 7.736 39.15 32.53 1.74 1,301.3 
fuel 1.26 0.68 110.4 8.135 38.51 32.75 1.69 1,288.5 
* For air the value of  refers to the overall equivalence ratio of a mixture where 
a same mass of ethylene is injected. 
 
The dependence of the Mach number M2 on the total pressure ratio pt2/pt1 across the combustor is 
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where again an average value of =1.31 was used. The sensitivity of the agreement to the value  








rms M M     (4.5) 
where the notation    indicates arithmetic averaging. Figure 4.8b shows the r.m.s. error for 
specific heats ratio between 1.25 and 1.4. The best agreement is found close to =1.25, where 
rms=5.24%, whereas at the nominal value =1.31 it is found rms=5.93%. A reasonable uncertainty 
on the value of  does not seem therefore to be critical for the results of the analysis. 
  
(a) (b) 
Figure 4.8 (a) Relation between exit Mach number and total pressure losses determined for pitot pressure 
measurements and comparison with Fanno theory. (b) Effects of the specific heats ratio on the agreement 
between experiments and theory evaluated through the r.m.s. error. 
 
To understand how Fanno theory applies to the present situation, it is necessary to consider the 









2 1 1 1
4 1
1 2 2
M dTdM dA M dx dw
M f M
M M A T D w
 
 
   
      
  












MdTds dx dw ds
M f M





      
 
.  (4.7) 











D M R M T w 
 
      
  (4.8) 











M dTdM dA ds dw
M M A R T w
 

   
     
  
.  (4.9) 
Equation 4.9 is an alternative form of Eq. 4.6 for the Mach number in which the entropy change is 
used as independent parameter instead of friction. In a sense, Eq. 4.9 is more general because it 
allows to consider also essentially non-one-dimensional irreversibilities like shock waves. 
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Equation 4.11 enlightens the contribution to the reduction of the core flow Mach number across 
the combustor due to area, mass, total temperature and total pressure change. 
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For an inlet Mach number M1=2.8, at the choking point (M2=1) the left-hand side of Eq. 4.11 is 
close to unity. Evaluating the magnitude of the single terms on the right-hand side is therefore 
possible to speculate which one could give such a contribution. For a non-separated flow, the 
contribution from area change (first term at right-hand side) is expected to be negligible. Also 
negligible is the contribution from total temperature change (third term) as shown by the heat flux 
measurements. At the critical equivalence ratio (=1.26) the contribution from the mass flow 
increase (second term) is less than 0.1, meaning that (in logarithmic terms) mass injection 
contributes only for 10% to the Mach number reduction. It results that the major contribution must 
necessarily come from the last term, corresponding to adiabatic pressure losses, or irreversibilities. 
It is straightforward to see that retaining only the last term at the right-hand side, Eq. 4.11 
specializes in the Fanno relation (Eq. 4.4).  
The above analysis clearly indicates a predominant role of irreversibilities in reducing the Mach 
number in a constant area combustor. Major sources of irreversibility are expected to be shock 
waves and turbulent dissipation. Even in unfueled conditions, shock waves are generated by the 
change in geometry at the tip of the central plug, where a train of alternating expansion fans and 
re-compression shocks is initiated. The boundary layer certainly separates at the plug shoulder 
creating a recirculation region and a turbulent wake downstream that provide further dissipation 
as depicted in Figure 4.9a. These two mechanisms are responsible for the reduction of the Mach 
number from 2.8 to 2.58 as shown in Table 4.2 and Figure 4.8a. 
When an inert gas (air) is injected, the transverse jets strongly interact with the supersonic 
crossflow. This interaction is widely documented in literature [158-161] and Figure 4.10 shows a 
schematic diagram with the main flow features.  The main parameter controlling the interaction is 
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where , U, , p and M are respectively density, velocity, specific heats ratio, pressure and Mach 
number and the subscripts j and f refers to jet and crossflow. The ratio J determines the penetration 
distance of the jet and therefore how strongly the incoming flow is perturbed. The higher J the 





Figure 4.9 Schematic of the flow in the direct-connect combustor. (a) Without 
injection. (b) With injection. 
 
The transverse jet acts like an obstacle on the flow and induces a bow shock as shown in Figure 
4.10. The lower part of the bow shock is normal or nearly normal and the flow downstream is 
subsonic. The normal shock separates the boundary layer upstream of the jet and a horseshoe 
recirculation region is usually formed. If J is large enough the flow is split in proximity of the jet 
and forced to turn around. A large turbulent recirculation region is created downstream. The shear 
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layer between jet and crossflow develops in a pair of counter-rotating streamwise vortices that 
ultimately breakdown to a highly turbulent wake. In an internal flow the bow shock is reflected at 
the wall, developing a train of conical shocks as shown in Figure 4.9b. At the impingement 
location, the shock can be strong enough to separate and/or thicken the boundary layer. 
 
Figure 4.10 Schematic three-dimensional diagram of a transverse jet in 
supersonic crossflow interaction with the dominant flow features. Ref. [161]. 
 
All the interactions described above, introduce additional irreversibility in the flow field and this 
is reflected by a further Mach number reduction at the exit. The amount of the reduction depends 
on the jet momentum ratio as expected1. At J=0.38 the exit Mach number is 2.13 and increasing J 
to 0.69, M2 is lowered to 2.01. Anyway, choking was never observed in a non-reacting mixture in 
this range of mass injection. 
When fuel is injected, a further reduction of the Mach number occurs. As shown in Table 4.2, 
cases with air and fuel injection having the same mass flow rates exhibit differences in the jet 
                                                 
1 Only the case at J=0.31 seems to be inconsistent with the trend for reasons still to understand. 
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momentum ratio within 2%. Therefore, from a purely fluid dynamic point of view, the jet 
interaction in the two cases is expected to produce similar effects on the core flow and the 
differences must reside in the thermo/chemical dynamics. As discussed in the next section, PLIF 
images revealed a large concentration of OH radical inside the boundary layer (see Figure 4.12) 
and therefore is reasonable to expect an important contribution from combustion and heat-release 
in this region. This consideration suggests a fundamental role played by the boundary layer in the 
choking mechanism of the core flow. When a flame develops in a boundary layer, the heat release 
from combustion raises the local gas temperature. In first approximation the pressure can be 
considered constant, and equal to the core pressure. Therefore, a temperature rise causes a 
reduction of the gas density in the boundary layer and for mass conservation consideration the 
thickness of the boundary layer must increase. A thicker boundary layer will interact more strongly 
with the core flow increasing the pressure losses.  
 
Figure 4.11 Possible mechanism of losses enhancement in a supersonic reactive flow with heat release 
confined in the boundary layer. 
 
Figure 4.11 provides a schematic of the possible effect of a thicker boundary layer on the oblique 
shock train. As the boundary layer thickness increases, the core flow is displaced inwards, the 
shock reflections become more frequent and the single shocks stronger. The increased shock 
compression by this mechanism can explain both the enhanced pressure rise and Mach number 
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reduction observed experimentally. Anyway, further investigation on the boundary layer 
development is necessary to fully support this hypothesis. 
 
4.4 Combustor Flame Visualization 
This section will discuss the images taken in the combustion by means of OH PLIF at 10 Hz and 
OH* chemiluminescence at 30 kHz. The first was used to investigate qualitatively the flame 
structure and the distribution of the combustion on a longitudinal section of the combustor. The 
second was mainly used to study the dynamics of pseudo-shock propagation after choking. 
 
4.4.1 OH-PLIF Images and Flame Structure  
Visualization of the reacting flow, as described in Section 4.2.2, has been performed at both sub-
critical and super-critical fuel concentrations using flow condition B. In sub-critical conditions 
(fully started supersonic flow) the main objective is to understand how combustion is distributed 
inside the combustor. OH-PLIF was used to visualize the instantaneous OH distribution on a 
longitudinal cross-section of the combustor.  
In Figure 4.12, three images are combined to provide an overview of the entire visible part of the 
combustor. The fuel injector is located on the left side, both top and bottom jets are visible.  A 
flame starts developing at the fuel-air boundary. The OH radicals, generated by combustion are 
transported within the mixing layer, visualizing its shape. The mixing layer has origin at the fuel 
nozzle and expands outwards, reaching the external wall at about 4-5 channel diameters from the 
injectors where it merges with the local boundary layer. From this point on, the flow assumes a 
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fully developed configuration characterized by a supersonic core and a turbulent boundary layer. 
The OH distribution of Figure 4.12 was found to be qualitatively the same at all sub-critical fuel 
concentrations with just a shift in intensity.  
The images show presence of OH only inside the boundary layer, where the low speed and the 
longer residence time promote combustion. In the core region, where the Damkohler number is 
strongly reduced by the higher flow velocity and the lower temperature, the chemistry is nearly 
frozen, and the production of radicals is almost negligible. These considerations are in agreement 
with the heat flux measurements discussed previously, that showed no significant heat release in 
the core region.   
OH-PLIF was used also in super-critical conditions to visualize the flow structure during pseudo-
shock propagation. Figure 4.13 shows four different stages of shock propagation in the second half 
of the combustor, the total length visualized is 180 mm. The frames are not taken during the same 
test, but they belong to different runs (at the same conditions) where the acquisition delay was 
adjusted with respect to injection time.  In the top frame the flow is supersonic and has the structure 
described above. Note that in the top frame the intensity had to be scaled up 3.5 times, with respect 











































































In the second and third frames, the pseudo-shock has propagated upstream respectively about one 
and two thirds of the field of view. OH-PLIF signal is able to clearly demarcate the supersonic-
subsonic boundary due to large difference in OH concentration in the two regions. Upstream of 
the shock, OH concentration is too low to be visible at this scale, even in the boundary layer, and 
therefore the flow field appears almost entirely dark. The pseudo-shock separates the boundary 
layer creating large pockets of low speed recirculating flow, where the temperature is suddenly 
raised, and all the fuel is quickly burned. The size of the separated region enlarges downstream, 
increasing the flow confinement until the entire flow becomes subsonic. On the leeward side of 
the shock OH is almost uniformly distributed. The signal intensity slightly decreases close to the 
wall, probably due to the lower temperature that recombine radicals into more stable combustion 
products.  
 
Figure 4.13 Four stages of pseudo-shock propagation visualized by OH-PLIF. Flow is from left 





In the last frame the shock has propagated all the way upstream and the flow field is entirely 
subsonic as indicated by the nearly uniform OH distribution. The longitudinal intensity gradient is 
believed to be due more to absorption of the laser light by the combustion products than to an 







Figure 4.14 Structure of a pseudo-shock. (a) A schematic from Ref. [29]. (b) 
Instantaneous (~10 ns) OH-PLIF image. (c) Quasi-instantaneous (5 s-gate) 
OH* chemiluminescence image. 
 
Figure 4.14 provides some further detail on the pseudo-shock structure. In agreement with pressure 
measurements, images confirm that the pseudo-shock does not extend more than 3-4 diameters, 
suggesting a -type shock-train [29]. A cartoon picture of a -type pseudo-shock is shown in 
Figure 4.14a. Three main regions can be defined. (1) The shock train is at the center, it is mainly 
a supersonic flow region with a series of compression and expansion waves. The shock-train is 
surrounded by a (2) diffusion region, a subsonic, highly turbulent region where the compression 
process is completed. The leading bifurcated shock creates (3) a region of separated flow near the 
wall where recirculation occurs. In the shock-train region no significant combustion occurs as 
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shown, by the OH-PLIF signal (Figure 4.14b). The flame is expected to reside mainly at the 
boundary between shock-train and diffusion region, where low speed, high turbulence and high 
temperature promote both mixing and chemical kinetics. This is in agreement with the OH* 
chemiluminescence (Figure 4.14c). Excited OH radicals are created in the reaction zone and decay 
to ground-state emitting radiation. Since the typical lifetime of the excited radicals is much shorter 
than the characteristic timescale of the flow in the diffusion region, OH* signal gives a precise 
indication on where these radicals are created. Being a line-of-sight and time integrated image, 
chemiluminescence cannot provide space and time resolved information on the internal structure 
of the flame, nevertheless a conical shape resembling the boundary of the shock train can be 
recognized.   
 
4.4.2 High Speed Chemiluminescence and Pseudo-Shock Propagation 
Using high-speed (30 kHz) OH* chemiluminescence imaging in super-critical conditions, it was 
possible to visualize the propagation dynamics of the pseudo-shock at different fuel concentrations 
(Figure 4.15). The images are organized in vertical stacks representing time-sequences. Time 
increases from top to bottom. Each frame covers 280 mm of the combustor length. In all the cases 
tested, the pseudo-shock always initiated to propagate upstream from the end of the combustor, 
indicating that choking occurred at the exit. The pseudo-shock exhibits an OH signal intensity 
several times larger than regular supersonic combustion and therefore it is clearly visible in the 





















































































































































It is evident from the images that the pseudo-shock propagates in a very irregular pattern. Its 
velocity increases, decreases and, at times, even becomes negative. The reason for this behavior is 
still unclear and could be manifold. A possible cause is the interaction of the shock with the 
turbulent boundary layer. Local separated regions act as a virtual area change affecting the 
dynamics of the supersonic core. Another possible explanation is unsteadiness in the upstream 
flow, for example fluctuations of the fuel jets due to vortex shedding, etc. Combustion instabilities 
downstream of the pseudo-shock, causing unsteady heat release, is another factor that could play 
a role.  
  
(a) (b) 
Figure 4.16 Details of the pseudo-shock propagation dynamics extracted from 
Figure 4.15. (a) The pseudo-shock decelerates between A and B. (b) The pseudo-





This last hypothesis seems in some extent supported by the images. It is noted, in fact, that when 
the propagation speed increases the pseudo shock tends to be shorter and brighter. On the other 
hand, when the speed decreases the shock is stretched and the intensity of chemiluminescence is 
reduced.  This behavior is observed in almost every time sequence taken. In Figure 4.16 two 
examples are shown in greater detail.  
 
Figure 4.17 Average OH* chemiluminescence intensity over a 
section of the combustor as function of axial distance with the 
threshold value used to determine the position of the shock front.  
 
In Figure 4.16a, taken at =0.74, the shock is initially moving upstream and has a length of 
approximately three diameters. At point A the motion of the shock front is arrested and starts to 
slowly recede. The shock length increases almost linearly with time, and at point B is nearly 
doubled compared to point A. Beyond point B the dynamics is reversed, with the shock front that 
starts moving upstream again and the overall length that reduces to the original size.  
Figure 4.16b, taken at =1.05, shows a sequence in which the pseudo-shock accelerates. The 
acceleration begins at point C in the figure, as shown by the trajectory of the shock front that 
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becomes steeper. The shock length shrinks down to one tube diameter at point D before increasing 





Figure 4.18 (a) Pseudo-shock position versus time determined 
from OH* chemiluminescence imaging at 30 kHz. (b) 
Instantaneous velocity of shock front obtained by 
differentiation.  
 
A quantitative measurement of the propagation speed is provided in Figure 4.18. The images of 
Figure 4.15 were averaged on the cross-section of the combustor to obtain the intensity distribution 
as function of the longitudinal position. As shown in Figure 4.17, setting a threshold value, it was 
then possible to locate the shock front and determine how it position evolves in time. Figure 4.18a 
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show the trajectories of the shock front in some representative cases. In lean conditions, increasing 
the equivalence ratio shortens the time required for the pseudo-shock to propagate throughout the 
combustor. The propagation time is minimized near stoichiometric conditions, where the burning 
rate is maximized, and increases again moving to rich conditions. The instantaneous velocity of 
the pseudo-shock, shown in Figure 4.18b, are computed by differentiating the curves of Figure 
4.18a. Near stoichiometric conditions (=0.10 and  =1.05), the pseudo-shock reaches a peak 
velocity above 350 m/s in the first part of its propagation, whereas in all the other cases the 
maximum velocity ranges between 100 and 200 m/s.   
 
4.4.3 A Simple Model of Shock Propagation  
To better understand the role played by combustion heat release on the pseudo-shock propagation 
a simplified analysis of a moving shock was performed.  
With reference to Figure 4.19, and considering an inviscid ideal gas flow, the following equations 
of mass, momentum and energy balance across the shock can be established 
 
Figure 4.19 Diagram of a traveling normal shock in a constant area channel. 
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    
2 2
1 1 1 2 2 2s sp V V p V V        (4.14) 
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where Q is the overall heat addition. All the variables upstream of the shock (subscript 1) will be 
considered as known and the variables downstream as unknowns to determine along with the shock 
propagation speed Vs. In addition to the perfect gas relation. 
 2 2 2p RT  , (4.16) 
another relation is necessary to close the system. In the present analysis the pressure downstream 
will be considered assigned as p2 = pe. This assumption is motivated by the pressure measurements, 
showing that the value of pressure at the combustor exit tends to be constant in time and 
independent on the overall equivalence ratio (Figure 4.4). 
Defining the velocities relative to the shock as i i sU V V   (with i=1,2) density, temperature and 
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where 
1 1( )s sM V V RT    is the flow Mach number relative to the shock. Substituting Eq. 4.19 
















U c T p U
  
    
 
.  (4.20) 
Equations 4.20 and 4.18 are a system of two equations in the two unknowns Ms and U2/U1 with 
parameters e=pe/p1 and q=Q/cpT1. Solving for Ms yields 
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Equation 4.21 is an analytical relation expressing the dependence of the shock Mach number on 
the heat addition for a given pressure ratio. Figure 4.20 shows a plot of Ms as function of q for 
several values of e.  
These results show, although only qualitatively, the high sensitivity of the shock speed to the heat 
addition and helps to explain the irregular propagation speed of the pseudo-shock. In fact, a small 
variation in the combustion heat release would cause a significant change in the shock speed. 
 
Figure 4.20 Flow Mach number relative to the shock predicted by Eq. 





In this chapter the flow pattern leading to choking and shock propagation was investigated in a 
circular direct-connect combustor fueled with ethylene. In particular, determining the role played 
by combustion heat release was of primary interest. For this reason, a comparison was made 
between reactive cases with fuel injection and non-reactive cases with air injection at the same 
mass flow rate. The main findings are summarized below. 
Heat flux measurements at the combustor exit revealed that combustion heating has negligible 
effect on the supersonic core, a conclusion also supported by OH-PLIF imaging that showed most 
of the OH radical (used as combustion indicator) confined in the boundary layer.  
Irreversibilities were found to be mainly responsible for the Mach number reduction in the 
combustor as indicated by the agreement of the experimental data with the predictions of Fanno 
theory. Irreversibilities are affected by the combustion through the boundary layer where most of 
the heat release is concentrated. It was argued that, because of the temperature rise, the density in 
the boundary layer would decrease, causing the thickness to increase to satisfy mass conservation. 
A thicker boundary layer would, in turn, increase the confinement of the supersonic core and 
introduce irreversibilities by shock-boundary layer interaction and turbulent dissipation. 
In the last part of the chapter, the pseudo-shock propagation was studied by means of high-speed 
OH* chemiluminescence visualization. Position and velocity of the shock a were extracted from 
the images as function of time. The analysis revealed a very irregular behavior of the propagation 
speed, and a strict relation between the propagation speed and the length of the pseudo-shock. This 




CHAPTER 5  
ISOLATOR SHOCKS DYNAMICS AT LOW ENTHALPY 
 
5.1 Introduction 
This chapter investigates the dynamics of the isolator shock-train. As discussed in Chapter 2, this 
is a problem of fundamental importance for scramjets operating in dual-mode regime (DMSJ). 
Under these conditions, the backpressure rise in the combustor is large enough to induce thickening 
and possibly separation of the boundary layer in the isolator. The growth of the low-speed 
boundary region increasesthe displacement effect on the supersonic core, acting like a virtual area 
constriction. The core flow is compressed like in a converging channel and develops a series of 
oblique and/or normal shock waves referred to as shock-train (see Chapter 2 for further details). 
Since the boundary region is highly turbulent, its interaction with the impinging shocks results in 
unsteady phenomena like shock oscillations and pressure fluctuations.  
The present study aims to provide a better understanding of the isolator flow physics by combining 
time-resolved imaging and pressure measurements. The experiments were performed in a low-
enthalpy environment, with choking induced by injection of an inert gas (nitrogen) through the 
fuel nozzles. Carbon dioxide was used as working fluid for the tunnel to take advantage of the 






5.2 Experimental Setup 
This section describes the setup used for this experimental activity, including the scramjet model, 
the diagnostic tools used, and the conditions tested. 
 
5.2.1 Free-Jet Scramjet Model and Instrumentation 
For this activity, ACT-II was operated in a free-jet mode, with the arc-heater connected to the 
contoured axisymmetric nozzle described in Chapter 3. The model scramjet, shown in Figure 5.1, 
was installed in the test section. The inlet was located about 25 mm downstream of the nozzle exit 
to avoid possible interferences with the nozzle during unstart. The model scramjet consists of a 
500 mm long circular duct with I.D. 34.9 mm. Flow compression is provided by a conical inlet 
with an interchangeable part that allows to vary the contraction ratio. Three different contraction 
ratios have been tested, namely 1.3, 1.6 and 1.9. Nitrogen is injected through four radial supersonic 
nozzles spaced at 90 degrees. The nozzles are conical with a 1.5 mm throat and 45 degrees of 
divergence angle. The exit Mach number using nitrogen is 3.4.  
The location of the injectors separates the isolator (upstream) from the combustor (downstream). 
Isolator and combustor are constant area channels (tubes) manufactured in fused quartz, for flow 
visualization and laser diagnostics, or in UV transparent acrylic glass for simultaneous flow 
visualization and pressure measurements. The acrylic tubes are instrumented with 11 pressure 
transducers (Kulite XTE-190SM-5A) spaced 15 mm along the flow direction. The combustor 
length was fixed at 200 mm, whereas for the isolator two different lengths were used, namely 200 








Figure 5.1 (a) Picture of the free-jet axisymmetric model scramjet. (b) Drawing 
with main dimensions. 
 
5.2.2 Flow Visualization 
Time-resolved flow visualization was a fundamental part of this study. Combining images and 
pressure data it was possible to obtain important insights on the pseudo-shock dynamics. CO2 
Rayleigh scattering is a relatively simple technique to implement and provides excellent quality of 
the images. Compared to visualization techniques based on the variability of the index of refraction 
with the gas density (schlieren and shadowgraph), PLRS has the advantage of being a planar 
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image, without line-of-sight integration, and a better contrast that allows to resolve features like 
weak shocks and turbulent structures.  
 
Figure 5.2 CO2 planar laser Rayleigh scattering optical setup. 
 
The basic principles of CO2 Rayleigh scattering can be explained as follows. When an unheated 
gas flow, partially or entirely composed of carbon dioxide, is expanded through a 
converging/diverging nozzle, its static temperature drops below the CO2 condensation point 
producing clusters of CO2 molecules with a typical size ranging from several nanometers to tens 
of nanometers (see Erbland et al. [162]). Projecting a laser sheet, with wavelength several times 
(15 times at least) larger than the solid particles size, into the flow will cause the particles to scatter 
light in the Rayleigh regime. Assuming a nearly uniform distribution of the CO2 particles in the 
flow, the intensity of the scattered light at each point can be assumed to be proportional to the local 
density of the gas. In low speed regions of the flow field, such as downstream of a normal shock 
or inside a boundary layer, the temperature usually raises above the sublimation temperature of the 
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CO2. The solid particles are completely or partially dissolved and the scattering intensity is 
drastically reduced. As consequence, these regions appear mostly dark in the images. This effect 
can be exploited to accurately detect the boundary between regions of low-temperature, supersonic 
flow and the higher-temperature, subsonic flow.   
The experimental setup used in ACT-II for time resolved PLRS imaging is shown in Figure 5.2.  
An high-repetition (10 kHz) Nd:YAG laser pump Edgewave InnoSlab IS120-2-LD, doubled in 
frequency (532 nm) , was used as light source. The laser beam was directed inside the vacuum 
chamber, turned by 90 degrees, converted into a thin sheet (< 0.5 mm at the waist) and aligned 
with the longitudinal plane of the model scramjet. Scattering from solid surfaces was minimized 
using an optical aperture to clip the sheet top and bottom, avoiding walls irradiation. The images 
were collected using a high-speed camera Photron Fastcam SA-Z, provided with a Nikon Nikkor 
50 mm f/1.2 lens. The camera shutter sync signal was used to trigger the laser pump. The camera 
was mounted on a rail to switch the field-of-view among isolator, combustor and inlet. 
 
5.2.3 Test Conditions 
The flow conditions used for the experiments are reported in Table 5.1. A freestream of pure CO2 
was used in the tunnel in low enthalpy conditions (without heating) and 1.5 bars of stagnation 
pressure. Under these conditions the converging/diverging nozzle produces a uniform flow at 
Mach 4.0.  
Choking was induced in the model scramjet by injection of mass (nitrogen) through the fuel 
nozzles. The high momentum transverse jets generate large flow blockage and a severe adverse 
pressure gradient, separating the boundary layer and initiating shock propagation. The amount of 
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nitrogen injected was varied to investigate the effects of different levels of blockage. The 
dependency of the flow behavior on the inlet/isolator geometry has been investigated by testing 
three different inlet contraction ratios (CR = 1.3, 1.6 and 1.9) and two isolator lengths (200 mm 
and 300 mm). Each geometry was tested at several levels of blockage, quantified by the amounts 
of nitrogen injected. A total of 34 different conditions were tested as summarized in Table 5.2. 
Table 5.1 CO2 freestream conditions. 
Stagnation temperature [K] 298 
Stagnation pressure [kPa] 150 
Mach number  4.0 
Static temperature* [K] 90.0 
Static pressure* [Pa] 718.3 
Density* [kg/m3] 0.0423 
Velocity* [m/s] 592.1 












Table 5.2 Test matrix of the experiments performed. 
Isolator 
length 







Isolator 200 mm 
CR=1.3 
16.7% A1 No 
17.8% A2 No 
19.1% A3 No 
20.1% A4 No 
21.2% A5 Yes 
21.8% A6 Yes 
CR=1.6 
13.2% B1 No 
14.5% B2 No 
16.3% B3 No 
17.2% B4 No 
17.9% B5 No 
18.1% B6 Yes 
CR=1.9 
11.8% C1 No 
12.2% C2 No 
13.1% C3 No 
13.9% C4 No 
14.6% C5 No 
15.5% C6 Yes 
Isolator 300 mm 
CR=1.3 
20.2% D1 No 
21.7% D2 No 
22.7% D3 No 
23.8% D4 No 
25.0% D5 Yes 
CR=1.6 
16.4% E1 No 
17.1% E3 No 
18.1% E3 No 
18.8% E4 No 
20.0% E5 Yes 
CR=1.9 
14.4% F1 No 
15.2% F2 No 
16.0% F3 No 
16.6% F4 No 
17.5% F5 No 
17.6% F6 Yes 
 
5.3 Results 




5.3.1 Pre-Injection Pressure and Density Distribution in the Isolator 
The average wall pressure distribution, measured by the Kulite pressure sensors, in the inlet and 
isolator was compared with the numerical predictions obtained using CFD. The simulations were 
performed in OpenFOAM® environment, using the high-resolution compressible solver 
rhoCentralFoam based on the Kurganov-Tadmor [163] scheme. Both laminar and RANS 
computations were performed for each one of the three contraction ratios considered. A standard 
k- model was used for the turbulent cases. The freestream conditions used for the simulations are 
those reported in Table 5.1. 
The comparison of the results is shown in Figure 5.3. The simulations well capture the pressure 
magnitude in the isolator, whereas the position of the pressure peaks (related to shocks reflection) 
seems to be less accurate, indicating differences in the configuration of the shock pattern. In 
particular, the simulations tend to predict the shock impingement location shifted downstream with 
respect to the experiments, probably due to the inability of RANS to correctly represent the 
complex shock wave – boundary layer interactions typical of the isolator. Up to x = 0.2 m, the 
experimental data are found in better agreement with the laminar CFD simulations. Further 
downstream the experimental data deviates towards the turbulent distribution, especially for the 







Figure 5.3 Comparison between experimental pressure data and CFD results in laminar and turbulent 
conditions for three different inlet contraction ratio (CR). (a) CR = 1.3, (b) CR = 1.6 and (c) CR = 1.9. 
 
Figure 5.4 shows a qualitative comparison of the average flow images obtained with planar laser 
Rayleigh scattering technique and the results of the CFD simulations in terms of density 
distribution. The upper and lower halves of the CFD distributions correspond to laminar and 
turbulent solutions respectively. The laminar solution is characterized by a strong shock splitting 
phenomenon, induced by reflection at the wall. A behavior known to be caused by a separation 
bubble at the shock impingement location that is not observed with turbulent boundary layer. A 
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weak shock splitting is also visible in the experimental images at the first reflection location, 
especially at the lower contraction ratios.  
 
Figure 5.4 Comparison between PLRS flow images and the CFD density distribution in laminar (upper 
half) and turbulent (lower half) conditions for CR = 1.3, CR = 1.6 and CR = 1.9. 
 
An instantaneous image of the flow, shown in Figure 5.5, reveals several interesting features. The 
boundary layer, clearly laminar upstream of the field of view, becomes transitional after the first 
shock reflection and breaks down to turbulent after the second reflection. The centerline is 
characterized by a streak of regular and organized turbulent structures. This feature takes most 




Figure 5.5 Instantaneous PLRS image of the unperturbed isolator flow for a 
case with CR = 1.3. Flow direction is from left to right. 
 
5.3.2 Effects of Mass Injection: Choking and Unstart 
Injection of nitrogen through the fuel nozzles downstream of the isolator, strongly modifies the 
flow field described in the previous section. Two major effects of mass injection can be 
distinguished. The first one is related to the augmented mass flow rate throughout the combustor 
that, accordingly to one-dimensional flow theory, causes the Mach number of a supersonic stream 
to decrease. In principle, this effect alone can lead to choking if the mass injected is enough to 
reduce the Mach number below unity. Nevertheless, considering for example the case with CR = 
1.3, where the isolator Mach number is 3.65, the theory requires a 37% increase in mass flow rate 
in order to choke the flow. In all the conditions tested the mass increase never exceeded 21.8% (as 
shown in Table 5.2) demonstrating that the increased mass flow rate alone cannot be responsible 
for flow choking.  
The second effect is related to the interaction between transverse jet and crossflow at the injectors 
location. These effects include shocks and turbulent dissipation, both associated with intense 
entropy production. Entropy production, or irreversibility, has also the effect of lowering the Mach 
number in a supersonic flow.  
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An attempt to separate the contribution of mass and irreversibility was made by using a different 
geometry for the injector. The idea is to inject the same amount of mass, but with minimal 
interaction with the crossflow. To this purpose a 16 holes injector was used, with jets slanted 45 
deg leeward (see Chapter 6 for a detailed description of this injector). In this case, no choking or 
shock-train formation was observed even at the maximum nitrogen mass flow rate allowed, 
demonstrating that the mass injection itself plays a negligible role in causing choking and that 
entropy production is the most likely mechanism responsible for choking.  
The rest of this section provides a description of a typical run in which the flow is choked, and a 
pseudo-shock propagates upstream and ultimately unstarts the inlet.  The results presented were 
obtained with the CR = 1.3 inlet, the 200 mm isolator and 21.2% of mass injected. 
When injection begins, the jets interacts with the crossflow creating bow shocks and separating 
locally the boundary layer. As the injector mass flow increases to reach the nominal value, the 
pressure in the combustor also increases due to the compression from the bow shocks and the 
augmented mass flow rate. Once the mass flow is stabilized, the separated boundary layer extends 
upstream of the injectors and propagates into the isolator, as shown in Figure 5.6. The interface 
between supersonic core and low speed separated region is characterized by large turbulent 
structures and high intermittency that the 10 kHz framerate was not able to resolve. The separated 
flow acts like a virtual restriction of the channel, increasing the confinement of the supersonic core 
and causing compression by a train of oblique shocks.  
The length of the shock train in the isolator was found to be strongly dependent on the amount of 
mass injected. The more the mass injected, the more the shock-train extends upstream towards the 
inlet. It is worth to mention that, strictly speaking, this shock-train is not a pseudo-shock since the 




Figure 5.6 Instantaneous PLRS image of the isolator shock-train for a case with CR 
= 1.3 and 21.2% of mass addition. Flow direction is from left to right. 
 
The additional compression introduced by the isolator shock-train, contributes to further reduce 
the flow Mach number in the combustor until choking occurs at the exit. This situation is well 
described by the pressure distribution in the model scramjet. Figure 5.7a shows that the isolator 
shock-train is associated with a nearly uniform pressure gradient that extends up to the injectors. 
In the combustor, the core flow is initially entirely supersonic, as confirmed by the positive 
pressure gradient (Figure 5.7a). When the flow at the exit of the combustor chokes, a pseudo-shock 
is observed to quickly propagate upstream and reach the injectors location. The pseudo-shock is 
identified by a sharp increase in the pressure followed by a region with negative pressure gradient 
(Figure 5.7b), confirming that the flow downstream of the pseudo-shock is subsonic as expected. 
In Figure 5.7c, the pseudo-shock has propagated up to the injectors and the combustor is 
completely subsonic. The pseudo-shock starts to interact with the isolator shock-train and the 
pressure distribution in the isolator becomes unsteady. Both position and shape of the shock-train 
are perturbed during this phase, as revealed by the PLRS images (Figure 5.8). As the pseudo-shock 
propagates through the isolator, the pressure gradient increases in magnitude and stretches towards 











Figure 5.7 Pressure profile in isolator and combustor during four stages of the unstart process 
for a case with CR = 1.3 and 21.2% of mass addition. 
 
 
Figure 5.8 Instantaneous PLRS image of the pseudo-shock/shock-train interaction in the isolator 




Figure 5.9 shows a sequence of images taken at the inlet during the disgorging of the shock. The 
frames are at intervals of 100 s and show the advancement of the normal shock from the leading 
edge, indicated by the white dashed line. The CO2 particles downstream of the normal shock 
rapidly evaporate because of the higher temperature. No light is scattered from this region that 
appears completely dark. The position of the normal shock is therefore demarcated by the 
boundary between the bright (on the left) and the dark (on the right) region as indicated by the 
arrow.  
    
(a) (b) (c) (d) 
Figure 5.9 Sequence of PLRS images showing the normal shock disgorging from the inlet during unstart. 
Flow is from left to right and the images are 200 s spaced in time. The distance of the shock ahead of 
the inlet increases from 1.54 mm in (a) to 2.32 mm in (b), 2.93 mm in (c) and 3.55 mm in (d). 
 
The flow through the model is now entirely subsonic. As shown in Figure 5.7d, in these conditions 
the pressure distribution in the isolator is nearly uniform and steady. At the injectors the pressure 




Figure 5.10 Space-time distribution of the pressure inside the model for a 
typical test with inlet CR = 1.3, isolator 200 mm and 21.2% of mass flow 
injected.  
 
Figure 5.10 shows the same unstart process described above on a space-time pressure map. In this 
diagram, the abscissa represents time coordinate in milliseconds and the ordinate represents 
distance from the entrance of the isolator in millimeters. The colormap represents the pressure 
magnitude in pascal. The top and bottom parts of the diagram correspond respectively to 
combustor and isolator.  
This method of visualization has the advantage of showing the direction along which the 
phenomena propagate and to provide a visual representation of the propagation velocity. The 
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velocity, in fact, is proportional to the slope of the features on the diagram. The closer to vertical 
they are aligned, the faster they are propagating. Positive slope corresponds to propagation in the 
flow direction, whereas negative corresponds to propagation against the flow. Since the velocities 
on this diagram are absolute, i.e. referred to the lab frame, the phenomena propagating with the 
flow appears to have a much higher velocity than those propagating in the opposite direction. 
At 270 ms, injection begins and the nitrogen jets start to interact with the crossflow, forming shocks 
that reflect on the combustor wall. The position of the reflections changes in time as the nitrogen 
mass flow rate increases to reach the nominal value. This phenomenon is represented in the 
diagram by the negative slope bands developing between 270 and 290 ms.    
Between 300 and 310 ms, the diagram shows the propagation of the separated region in the isolator. 
In these conditions the shock train propagates for about two thirds of the isolator length and then 
begins to oscillate back and forth. The onset of the oscillations appears to coincide with the flow 
choking at the combustor exit. Anyway, the interaction between these two phenomena is still not 
well understood and requires more investigation. 
The self-sustained shock oscillation continue until the pseudo-shock propagates throughout the 
isolator completely disrupting the flow field. The pressure fluctuations induced by the oscillating 
shock train are detected also in the subsonic region downstream of the pseudo-shock. Their 
propagation across the pseudo-shock without significant change in speed, frequency and amplitude 
suggests a possible acoustic nature of these fluctuations, i.e. acoustic waves propagating 
downstream through the subsonic portion of the boundary layer. More detail about the shock 
oscillations are discussed in the next section. 
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A final transition in the structure of the pressure field is observed when the inlet unstarts at 350 
ms, and a normal shock wave forms in front of the intake. Since in this condition the shock occurs 
at higher Mach number (the freestream Mach number), the stagnation pressure losses are further 
increased. A pressure wave propagates downstream, from the inlet throughout entire model, 
adjusting the flow to the new inlet conditions. After the flow readjustment is complete, the pressure 
distribution becomes steady and nearly uniform. 
Figure 5.11 shows similar space-time pressure maps taken in the same geometry (inlet CR=1.3 
and isolator 200 mm) but with lower mass injection. At 
jetm =16.7% (Figure 5.11a), the separated 
region extends in the isolator for about 40% of the length. Incipient choking is observed at the exit 
at t=380 ms but it does not fully develop. The shock-train front exhibits some unsteadiness even 
though it does not break into strong oscillations.    
Increasing the injection rate to 17.8% (Figure 5.11b), choking is more pronounced at the exit and 
a pseudo-shock starts propagating upstream at about t=325 ms. At 350 ms, the shock-train 
oscillations develop in the isolator, generating pressure fluctuations that propagate in the 







Figure 5.11 Space-time contour plot of the pressure inside the model with inlet CR = 1.3 and isolator 
200 mm long. The injected mass flow rates are: (a) 16.7%, (b) 17.8%, (c) 19.1% ad and (d) 20.1% of the 
inlet mass flow rate. 
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Something similar occurs also at higher mass injection, 
jetm =19.1% (Figure 5.11c). The formation 
of a pseudo-shock at the combustor exit is followed by the onset of oscillations in the isolator. As 
in the previous case, when the oscillations start, the pseudo-shock moves backwards and is almost 
ejected through the exit. However, in this case the shock is able to reaccelerate and to propagates 
upstream reaching the injectors location.  
The case of Figure5.11d with 
jetm =20.1% follows a similar development but in this case the 
pseudo-shock is strong enough to propagate past the injectors reaching the isolator. As 
consequence, the oscillating shock train is moved closer the inlet. 
 
5.3.3 Isolator Oscillations 
One of the most interesting feature observed during the unstart process is the shock-train 
oscillations in the isolator, that are accompanied by the propagation of pressure waves throughout 
the model. An effort has been made to explain these phenomena and how they relate to each other. 
One of the major aspect to clarify is whether the pressure fluctuations are a consequence or a 
determining factor of the shock train motion.  
As previously shown, with 
jetm = 21.2%, these oscillations are ultimately disrupted by the 
interaction with the pseudo-shock and vanish completely before inlet unstart occurs. However, at 
a slightly lower mass injection rate (
jetm = 20.1%), where the isolator is able to arrest the 




Figure 5.12 shows a detail of the pressure map taken in the isolator. Oscillation develops from 
t=350 ms with pressure waves propagating throughout the isolator. The map in Figure 5.12a 
encompasses the entire mass injection time interval. In these conditions, the pressure waves exhibit 
an extremely regular structure. At the end of the injection (t=435 ms), the oscillations stop, and 
the shock-train disappears from the isolator. Figure 5.12b shows a detail of the pressure map 
between 390 and 410 ms. This closer look provides interesting information and helps to clarify the 





Figure 5.12 Space-time distribution of the pressure inside the isolator for a case with CR=1.3, isolator 
length 200 mm and mass injection rate 20.1%. (a) Over the entire duration of injection. (b) Detail over 
an interval of 20 ms. 
 
It is observed that the pressure fluctuations extend (both upstream and downstream) well beyond 
the turning points of the shock oscillations. The turning points are defined as the most upstream 
and most downstream locations reached by the root of the leading shock (where boundary layer 
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separation begins) during its motion back and forth and can be measured from the PLRS images, 
as shown in Figure 5.13. The long-distance propagation indicates that the pressure fluctuations are 
not just a consequence of the displacement of the mean pressure field, but they arise from the 
propagation of acoustic waves.  
 
Figure 5.13 Shock-train limit positions, downstream (upper half) and upstream 
(lower half). Locations of the rear turning point (RTP) and front turning point 
(FTP). 
 
For this case the pressure fluctuations have an average period of 2.5 ms, corresponding to a 
frequency of 400 Hz that, as expected, is the same of the shock oscillations. Tracking the evolution 
of the pressure maxima and minima in space and time, it is possible to analyze how these waves 
propagate. With reference to Figure 5.12, it is seen that the waves have their origin in 
correspondence of the front turning point. From this location two waves depart at each cycle, one 
propagating upstream, as revealed by the negative slope, with a velocity of 215 m/s, and the other 
propagating downstream (positive slope) at 135 m/s. This behavior suggests that the pressure 
fluctuations are caused by the shock oscillatory motion and not vice versa. The pressure waves 
could be either generated by the internal dynamics of the shock-train or by its interaction with the 
boundary layer. Further discussion of these aspects will be provided in Section 5.5.4, where the 
dynamics of a single oscillations is studied in detail. 
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Analogous oscillations of the shock train are observed also in the 300 mm isolator with CR = 1.3 
inlet. In this case, a mass injected of 23.8% produced oscillations around the same average 
location, namely x = 80 mm, as for the previous case. Therefore, the main difference between the 
200 mm and 300 mm isolator is the distance of the shock-train from the source of blockage, i.e. 
the injectors. This results in both higher frequency (480 Hz) and higher propagation speed of the 





Figure 5.14 Space-time distribution of the pressure inside the isolator for a case with CR=1.3, isolator 
length 300 mm and mass injection rate 23.8%. (a) Over the entire duration of injection. (b) Detail over 
an interval of 20 ms. 
 
5.3.4 Dynamics of a Single Oscillation 




Figure 5.15 shows a photographic sequence of a single oscillation taken in condition A5 of Table 
5.2. A single oscillation is composed by a propagation phase in which the shock system advances 
towards the inlet and a regression phase in which the shock system moves back towards the 
injectors. The propagation phase is shown on the left column of the sequence (images a-j) and the 
regression is shown on the right (images k-t). The images are not all shown at regular time interval, 
but the most significant frames have been rather selected. This was done not only to facilitate the 
discussion, but also to account for the fact that the two phases occur with a different time scale. In 
fact, the total time period of an entire oscillation is 2.5 ms, of which 2 ms are taken by the 
regression and 0.5 ms by the propagation. For both columns, the direction of time is set from top 
to bottom as indicated by the arrow. 
Another important difference between the two phases, immediately evident from the images, is the 
shape assumed by the shock train. During the propagation, the shock is of x-type (or oblique shock 
train) and during the regression is of -type (or normal shock train). The shape of the shock-train 
has important implications for what concerns pressure distribution and boundary layer interaction. 
For this reason, it is also of interest to understand how the transition from one configuration to the 





Figure 5.15 PLRS visualization of the isolator shock oscillation. Flow direction is from left to right. The 
pseudo-shock propagates upstream in the left column and downstream in the right column. 




With reference to Figure 5.15, the sequence begins at the shock most downstream location (rear 
turning point). To track the movement of the shock, the intersection of the leading x-shock at the 
axis will be used as reference. In Figure 5.15a-e the shock propagates upstream with a speed 
between 90 and 100 m/s. The turbulent boundary layer, that initially exhibits a linear growth along 
the shock train (Figure 5.15a), thickens in the front part, increasing the strength of the leading 
oblique shock. Even after the shock has reached its foremost position (Figure 5.15e), the boundary 
layer thickness continues to grow, inducing more compression of the core flow. As consequence, 
the angle of the first conical shock increases up to the point where regular reflection at the axis is 
no longer possible and a Mach disk is formed (Figure 5.15h). The Mach disk is a normal shock 
and the flow immediately downstream is therefore subsonic. The condensed CO2 particles 
evaporate crossing the normal shock and light scattering is suppressed in this region. The flow 
crossing the Mach disk is therefore visualized as a dark streak originated at the Mach disk itself. 
Having higher pressure than the surrounding, the flow downstream the Mach disk tends to expand, 
assuming a divergent shape. 
 
Figure 5.16 PLRS visualization of the Mach disk formation at the front turning point.  
 
The dynamics at the front turning point is shown in a greater detail in Figure 5.16. The core flow 
is initially entirely supersonic and strongly compressed by the surrounding turbulent boundary 
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region (Fig 5.16a,b). The interaction with the boundary region deforms the leading x-type shock 
that has a very wide angle of aperture close to the wall and is curved at the center. In Figure 5.16c, 
a further strengthening of the shock creates a Mach reflection at the axis, with a region of subsonic 
flow downstream. 
 
Figure 5.17 PLRS visualization of the shock swallowing process at the rear turning point.  
 
As a Mach disk appears at the center, the shock-train transitions to a shape and starts moving 
back downstream, initiating a regression phase. During this phase the shock system moves at a 
nearly constant speed between 20 and 25 m/s. The size of the Mach disk initially grows and, in 
some cases, exceeds one third of the isolator diameter. At the rear turning point, shown in greater 
detail in Figure 5.17, the normal shock interacts with the virtual throat formed by the boundary 
region. This characteristic structure, clearly visible in Figure 5.17a, can be explained as follow. 
The normal shock creates a sharp pressure jump in the core flow whereas, near the wall, the 
pressure discontinuity is smeared out by the subsonic boundary region as depicted in the diagram 
of Figure 5.18. As a result, upstream of the shock the boundary region has higher pressure than the 
core and is lifted up, and downstream of the shock, the boundary has lower pressure than the core 
and is pushed down. This mechanism allows the shock to pass through the virtual throat and 
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reaccelerate to supersonic speed (Figure 5.17b,c). Once the shock is swallowed and the pressure 
jump removed, the edge of the boundary region levels out and the virtual throat disappears. 
 
Figure 5.18 Differential pressure distribution between wall and centerline at the 
rear turning point. 
 
5.3.5 Effects of Inlet Contraction Ratio and Isolator Length 
The results presented earlier in this chapter were mainly obtained with the 200 mm isolator and 
the inlet with contraction ratio 1.3. The effects of different geometries will be summarized in this 
subsection.  
As reported in Table 5.2, a larger contraction ratio of the inlet reduces the amount of mass injection 
required to unstart the model scramjet. This behavior is expected because increasing the 
contraction ratio the Mach number in the isolator decreases and therefore the flow becomes easier 
to choke. On the other hand, increasing the isolator length, unstart is delayed. For example, 
considering the CR=1.3 inlet, unstart occurs at 21.8% of mass injection with the 200 mm isolator 
and at 25% with the 300 mm isolator. Increasing the length of the isolator also extends the 
maximum length that the shock-train can reach before disgorging from the inlet. According to 
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Waltrup and Billig (Eq. 2.13), the length of the shock-train depends on its pressure ratio, therefore 
a longer shock-train is able to tolerate a larger backpressure rise without causing unstart.  
 Figure 5.19 shows a comparison of the average pressure distribution in the isolator for all the 
conditions tested without unstart. The pressure is averaged on a time interval in which the isolator 
flow has reached a quasi-steady state, i.e. even if oscillations are present, the position around which 
the oscillations occur does not change in time. Increasing the mass injection increases the 
backpressure value and causes the shock-train to extend upstream. Figure 5.19a shows a change 
in the pressure distribution between mjet=17.8% and 19.1%. At low mass injection the pressure 
gradient is characterized by a peak in the front part, typical of -type shocks. At higher mass 
injection the pressure rise is more uniform as typical of x-type shock trains. This transition in the 
shock configuration is confirmed by the PLRS images and is associated to the onset of the 
oscillations. 
The - to x-type transition does not occurs at higher contraction ratios (CR=1.6 and 1.9). In these 
cases, the pressure rise is always steeper at the front of the shock-train and the images confirmed 
that a -type configuration is maintained over the entire range of mass injection. Comparison of 
the plots on the left column (200 mm isolator) with those on the right (300 mm isolator) shows 














Figure 5.19 Average pressure distribution in the isolator for all the conditions without unstart. The left 





Figure 5.20 and 5.21 show the space-time pressure maps with inlet unstart, for the 200 and the 300 
mm isolator respectively. The onset of the shock oscillations and pressure fluctuations described 
in Section 5.3.3 and 5.3.4 was not observed with higher contraction ratio (CR=1.6 and 1.9). In 
these conditions the -shock train was found to be stable up to the interaction with the pseudo-







Figure 5.20 Pressure contour map in space and time for the 200 mm isolator and 











Figure 5.21 Pressure contour map in space and time for the 300 mm isolator and 
(a) CR=1.3, (b) CR=1.6 and (c) CR=1.9. 
 
5.4 Summary 
This chapter was dedicated to the study of unstart in a free-jet axisymmetric model scramjet. Low-
enthalpy carbon dioxide was used for the freestream, and choking was induced by mass (nitrogen) 
injection. High-speed Rayleigh scattering imaging and pressure measurements at wall were used 
as diagnostic tools.  
This study provided an unprecedented detailed characterization of the unstart process. In response 
to the backpressure rise induced by mass injection, the flow in the isolator separates and a shock-
train develops. The flow in the combustor stays supersonic until choking occurs at the exit. 
Following flow choking, a pseudo-shock propagates upstream and when it reaches the injectors 
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location starts to interact with the isolator shock-train. Under certain conditions, this interaction 
results in oscillations of the isolator shock-train, accompanied with pressure fluctuations. Pressure 
waves have origin at the location where the leading shock impinges on the boundary layer and 
propagate both upstream towards the inlet and downstream in the combustor. 
A detailed study of the oscillatory dynamics revealed that the shock-train has a x-type 
configuration when it propagates upstream. The leading shock becomes increasingly stronger and 
a Mach disk forms near the axis. The shock transitions to a -type and starts receding downstream. 
During this phase, the leading normal shock enlarges and interacts with the boundary layer. This 
interaction causes the normal shock to be swallowed and the shock-train transitions back to a x-
type. 
The isolator length was found to have an impact on propagation speed and frequency of the 
pressure fluctuations for the case with inlet contraction ratio CR=1.3. With larger contraction ratios 





CHAPTER 6  
ISOLATOR SHOCKS DYNAMICS AT HIGH ENTHALPY 
 
6.1 Introduction 
In this chapter the isolator dynamics is investigated in high enthalpy conditions. Choking is 
induced using two different mechanisms, mass injection like in the previous chapter and 
combustion heat release like in Chapter 4. The first is implemented by injecting a large amount of 
air though the fuel nozzles, whereas the second is implemented injecting ethylene in the high 
temperature air stream causing auto-ignition of the fuel-air mixture. The objective is to investigate 
differences and similarities between: (1) the high-enthalpy and low-enthalpy cases in mass-
induced choking conditions and (2) the mass-induced and combustion-induced choking in high 
enthalpy conditions.  
The motivation for this study arises from the fact that a large part of the experimental work on 
unstart and isolator shock-trains has been performed in low enthalpy conditions, choking the flow 
by surrogate mechanisms, like area blockage [60-68] or mass injection [71-76]. Low enthalpy 
hypersonic wind tunnels are much simpler and cheaper than facilities capable of producing real 
supersonic combustion, and therefore are more promptly available to researchers. The rationale 
behind this approach is the assumption that, once the flow is choked, its dynamics is substantially 
independent on the triggering factors. Anyway, a definitive prove to support this hypothesis has 
never been provided and, given the profound differences between a reacting multispecies mixture 
at high temperature and speed, and a low speed, low temperature inert gas, it is reasonable to 
question this assumption.  
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6.2 Experimental Setup 
This section describes the setup used for this experimental activity, including the scramjet model, 
the diagnostic tools used, and the conditions tested. 
 
6.2.1 Free-Jet Scramjet Model and Instrumentation 
The model scramjet used for these experiments is the same used in Chapter 5, but in this case a 
different injector was used. The new injector (shown in Figure 6.1) is provided with 16 constant 
area holes (0.75 mm diam), vectored at 45 degrees downwind. This modification was necessary 
because, in high enthalpy conditions, the freestream has lower momentum than at low enthalpy 
and the injector used in Chapter 5 would create an excessive blockage, covering the effects of 
combustion in the case with fuel injection. With lower momentum jets, it is possible to reduce the 
pressure losses introduced by the fuel jets and isolate the contribution from combustion heat 
release. 
The gas to the injector holes is supplied by a common annular chamber, pressurized by an external 
tank using a remotely controlled valve. A Kulite XTEL-190SM-50A pressure sensor measures in 
real time the pressure inside the annular chamber during the test. This pressure is then used to 
compute the mass flow rate of gas injected using the sonic area relation.  
Combustor and isolator are instrumented with pressure transducers at the wall, as described in 
Section 5.2. In addition a pitot probe is mounted coaxially in correspondence of the last pressure 







Figure 6.1 (a) 3D CAD drawing of the entire model with the three options for the inlet. (b) Detailed view 
of the injectors. 
 
6.2.2 Optical Setup for Flow Visualization 
Two different types of flow visualization were used in this activity: high-speed plasma 
luminescence and OH planar laser induce fluorescence (PLIF). 
The natural luminescence of the hot plasma was imaged using a Photron Fastcam SA-5 high-speed 
camera provided with a 20 mm focal length lens. When the arc-heater is on, a fraction of the free 
electrons produced by the electric discharge is not able to recombine in the plenum chamber and 
survives the expansion through the nozzle. The free electrons contained in the freestream emit 
broadband radiation, mainly by bremsstrahlung interaction with the heavy particles. This emission 
can be exploited to visualize the flow. Despite the images obtained are integrated along the line of 
sight, this technique revealed to be very effective in visualizing the structure of shocks. This 
technique was used in both reacting (fuel injection) and non-reacting cases (air injection) to study 
the dynamics of the flow in the isolator and the propagation of the pseudo-shock in the combustor. 
168 
 
In the reacting cases, 10Hz OH-PLIF was used to investigate the flame structure in the combustor 
using the same setup described in Chapter 4.  
 
6.2.3 Test Conditions 
The same freestream conditions were used for all the experiments of this chapter and are reported 
in Table 6.1. 
Table 6.1 High-enthalpy air freestream conditions. 
Stagnation temperature [K] 2540 
Stagnation pressure [kPa] 117.8 
Mach number  4.5 
Static temperature* [K] 503.0 
Static pressure* [Pa] 407.0 
Density* [kg/m3] 0.028 
Velocity* [m/s] 2,023.0 
*calculated using perfect gas relations. 
 
6.3 Measurements Results 
This section presents the results of the wall pressure measurements in isolator and combustor and 
the heat flux and pitot pressure measurements at the combustor exit. 
 
6.3.1 Heat Flux and Mach Number Measurements 
Heat flux and Mach number at the exit of the combustor were measured following the same 
procedure used for the direct-connect combustor, as described in Chapter 4. Reacting and non-
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reacting mixtures were compared by injecting ethylene and air respectively. The objective is to 
verify that the same conclusions drawn for the direct connect combustor hold for the free-jet 
scramjet model as well. 
 
Figure 6.2 Comparison of heat flux measurements between reacting 
(fuel injection) and non-reacting (air injection) mixture as function of 
the overall equivalence ratio. 
 
Heat flux comparison is shown in Figure 6.2 as function of the overall equivalence ratio . The 
equivalence ratio was varied between =0 (unperturbed flow with no injection) and the critical for 
incipient choking =0.67. In this case, the contribution from combustion heat release is more 
pronounced compared to the direct-connect combustor. As expected, in the non-reactive case, the 
heat flux decreases with the equivalence ratio because of the cooling effect of the low temperature 
air injected. In the reactive case, the cooling effect is more than compensated by the heat release 
from combustion. At the maximum equivalence ratio tested, the heat flux in the reacting case is 
22% higher that the corresponding non-reacting case and 13% higher than the case with no 
injection. Despite these heating values are significantly greater than those measured in the direct-
connect combustor, they are still not sufficient to cause thermal choking of the flow according to 
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Rayleigh theory. In fact, the CFD simulations provides at the combustor entrance an average Mach 
number of 3.7. For this Mach number, and assuming a uniform specific heats ratio =1.31 in the 
combustor, the increase of stagnation temperature required for thermal choking is larger than 80%.  
 
Figure 6.3 Comparison of Mach number measurements between 
reacting (fuel injection) and non-reacting (air injection) mixture as 
function of the overall equivalence ratio. 
 
Figure 6.3 shows a comparison of the exit Mach number as function of the overall equivalence 
ratio . Without injection, the Mach number across the combustor drops from 3.7 (computed by 
CFD) to 2.85. Air injection causes the Mach number to decrease, mainly because of the effects of 
shock compression induced by the jets, whereas the mass addition is at most 3% and is expected 
to give a negligible contribution. With fuel injection the Mach number reduction is more 






6.3.2 Comparison of Choking Induced by Mass Injection and Heat Release 
In this section, a comparison is made between the cases of choking induced by mass injection and 
choking induced by combustion. Figure 6.4 shows the pressure distribution for both the conditions, 
from the beginning of injection to the unstart of the inlet. The pressure data are plotted on space-
time maps combining isolator and combustor. Isolator and combustor measurements are not taken 
simultaneously, but they belong to separate tests in the same nominal conditions. 
  
(a) (b) 
Figure 6.4 Isolator and combustor pressure contour in a x-t space for conditions with unstart 




The mass-choked (Figure 6.4a) and the combustion-choked (Figure 6.4b) pressure maps are very 
similar to each other and qualitatively very similar also to the mass-choked pressure map in low-
enthalpy conditions of Figure 5.10. As injection starts, the flow in the isolator develops and a 
shock-train is formed (more details on this subject are discussed in Section 6.4.1). Simultaneously, 
the pressure in the combustor rises until the flow chokes at the exit and a pseudo-shock is formed 
and starts propagating (more details on the shock propagation dynamics will be provided in Section 
6.4.2). When the pseudo-shock enters in the isolator it interacts with the shock train, forcing self-
sustained oscillations of the shock and pressure fluctuations. Ultimately the shock system reaches 
the inlet and disgorges outside. After unstart of the inlet, the flow becomes entirely subsonic 
throughout the model. Unlike the low-enthalpy case, the high-enthalpy subsonic flow is 





Figure 6.5 Pressure contour of the isolator pressure fluctuations in a x-t space for a non-reacting 




As for the low-enthalpy flow, reducing the amount of fuel or air injected, unstart is avoided and 
the self-sustained shock oscillations continue indefinitely. An example is shown in Figure 6.5 for 
the non-reacting and in Figure 6.6 for the non-reacting flows. The comparison of the isolator 
dynamics has been made between cases having the same average pressure distribution in the 
isolator, as shown in Figure 6.7. 
Mass-choked and combustion-choked flows have remarkable similarities. Figure 6.5b and 6.6b 
show a detailed view of the pressure fluctuations over a time interval of 20 ms. The fluctuations 
in the two cases have frequency and propagation speed (upstream and downstream) within the 
uncertainty limits of the method used to compute them. Frequencies observed at high-enthalpy are 
doubled compared to low-enthalpy in the same setup due to the higher flow speed that is what set 





Figure 6.6 Pressure contour of the isolator pressure fluctuations in a x-t space for a reacting case. 




Figure 6.7 Average pressure distribution in the isolator with choked combustor. Comparison between 
choking induced by mass injection (blue) and by combustion (red). 
 
6.4 Visualization 
This section discusses the high-speed flow luminosity imaging of isolator and combustor and the 
visualization of the flame structure in the reacting flow obtained by OH-PLIF. 
 
6.4.1 Isolator Dynamics Visualization 
The flow configuration in the isolator can be visualized using the plasma natural luminosity as 
shown in Figure 6.8. The images show six different stages of the isolator flow, in a typical case 
with inlet unstart caused by combustion heat release.  
When fuel injection is initiated, the backpressure generated by the jet-crossflow interaction 
separates the boundary layer, creating a shock-train in the isolator (Figure 6.8a). If the interaction 
is particularly strong, like in this case, the shock-train extends upstream covering almost the entire 
length of the isolator (Figure 6.8b). At this stage, the boundary layer is separated by the leading 
shock but is able to reattach immediately downstream. A new separation probably occurs at the 
impingement point of the second shock. When the flow in the combustor chokes and the pseudo-
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shock propagates to the injectors, the isolator backpressure is further increased, and the boundary 
layer separates completely. At this point the images show large flow recirculation near the wall 
(Figure 6.8c), with turbulent structures convected periodically back and forth in both longitudinal 
and azimuthal directions. During this phase, flames can be observed to propagate into the isolator 
through the separated region as in Figure 6.8d. 
 
Figure 6.8 Flow regimes in the isolator for a reacting case with inlet 
unstart.  
 
The longitudinal periodic migration of the gas in the separated region intensifies and, interacting 
more effectively with the supersonic core, ultimately breaks down into a series of self-sustained 
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oscillations. The shock-train transitions from x-type to -type as shown in Figure 6.8e. The low 
speed region downstream the Mach disc, having higher density and temperature, appears brighter 
in the images. The shock-train in Figure 6.8e has a total of five shocks with decreasing size and 
spacing. This configuration corresponds to the phase of maximum stretching of the shock-train. 
During the oscillations, the distance between the shocks is reduced until the entire shock-train 
nearly collapses to a single normal shock (Figure 6.8f). Depending on the amount of fuel injected, 
the shock-train can either keep oscillating around a fixed location in the isolator or propagate up 
to the inlet causing unstart. With unstarted inlet, the flow assumes the configuration of Figure 6.8g, 
characterized by a spatially uniform luminosity with fluctuating intensity at a frequency of ~400 
Hz. These fluctuations are most likely associated with the pressure waves travelling through the 
isolator in unstarted conditions, as described in Section 6.3.2. Despite the nature of these 
phenomenon is still unclear, inlet buzz seems the most probable explanation. The same qualitative 
behavior was observed also for the non-reacting case. This result is in agreement with the pressure 





Figure 6.9 Plasma luminosity visualization of the pseudo-shock propagating in the combustor. The 






6.4.2 Pseudo-Shock Propagation in the Combustor 
The post-choking propagation of the pseudo-shock in the constant area combustor was studied by 
plasma luminosity imaging at 20 kHz. Figure 6.9 shows an example of the pseudo-shock 
visualization for both non-reacting (Figure 6.9a) and reacting (Figure 6.9b) cases. 
In the non-reacting case, all the radiation is produced by the hot plasma. Upstream of the pseudo-
shock it is possible to notice the development of the air jets from the injectors, running streamwise 
along the wall. The pseudo-shock appears as an intensification of the brightness due to the density 
rise caused by the shocks. In the reacting case, the light intensity is much larger and partially 
saturated the camera. At this intensity scale the plasma luminosity is almost invisible and most of 
the light results from OH* chemiluminescence. Upstream it is possible to distinguish the head of 
the shock-train followed by the dissipative region, where a combination of lower speed and high 
temperature accelerates the combustion process and the production of OH radicals. 
Figure 6.10 shows a comparison between the propagation of the pseudo-shock in the non-reacting 
and the reacting case. Each sequence is composed of 51 images equally spaced in time for a total 
duration of 12.5 ms. In the non-reacting case (Figure 6.10a), choking was induced injecting a mass 
flow of air equal to 34% of the inlet mass fraction, whereas in the reacting case (Figure 6.10b) 
ethylene was injected at an overall equivalence ratio =2.0. These two cases were selected for 
comparison because they have similar propagation time through the combustor. From the images, 
it is evident that in the non-reacting case the shock propagation is regular with nearly uniform 






Figure 6.10 Pseudo-shock propagation sequence in the combustor for 
mass-choked (a) and combustion-choked (b) cases. Total timespan is 








Figure 6.11 Comparison of Mach number measurements 
between reacting (fuel injection) and non-reacting (air injection) 
mixture as function of the overall equivalence ratio. 
 
Setting a threshold on the image intensity (as described in Section 4.4.2) it was possible to quantify 
the shock position as function of time, as shown in Figure 6.11a, and compute the propagation 
speed by differentiation (Figure 6.11b). Both cases have a similar average speed, -20.8 m/s for the 
non-reacting and -17.3 m/s for the reacting but the standard deviations are 8 m/s and 41 m/s 
respectively. Furthermore, the propagation speed in the reacting case alternates positive peaks (as 
high as 66.3 m/s) and negative peaks (as high as -113.1 m/s) with an average frequency of 555 Hz.  
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The velocities shown in Figure 6.11b are absolute, i.e. computed in the laboratory frame. 
Therefore, they are the combination of the flow velocity and the shock speed relative to the flow. 
Anyway, since the pressure measurements did not reveal any significant fluctuation upstream of 
the pseudo-shock, the flow speed is expected to be nearly constant in the combustor, and the 
velocity variations in the reactive case would be actual variations of the shock speed. Similar to 
the observations made about the direct-connect combustor (Section 4.4.2), combustion heat release 
is expected to have a prominent role on the irregular propagation of the pseudo-shock. 
Figure 6.12 shows isolator imaging during the propagation of the pseudo-shock, for both reacting 
and non-reacting conditions. The objective is to verify if the different shock propagation dynamics 
in the combustor has an impact on the isolator shock-train behavior. The sequences of Figure 6.12 
are taken at 10 kHz in the same nominal conditions as Figure 6.10. They span a total time of 2.4 
ms during which the pseudo-shock is propagating through the combustor. Under these conditions 
the shock-train is in the configuration of Figure 6.8b, with a strong x-type leading shock positioned 
in the front part of the isolator. The images show that the dynamics of the shock-train is very 
similar in the two cases. The shock-train undergoes small oscillations (less than a diameter in 
amplitude) with a frequency of 1250 Hz. This similarity suggests therefore that, at least at this 
stage, the characteristics of the pseudo-shock propagation are not affecting significantly the 





Figure 6.12 Isolator shock-train image sequence for mass-choked (a) 
and combustion-choked (b) flows. Total timespan is 2.2 ms. Interval 
between images is 0.1 ms. 
 
6.4.3 OH-PLIF and Flame Structure 
This section discusses the results of the flame visualization in the combustor, obtained with OH 
planar laser induced fluorescence (PLIF). Figure 6.13 shows different stages of the flame 
development during a case where combustion-induced choking and unstart occur. Because of the 
limitation imposed by the 10 Hz PLIF setup, the images are not taken during a single test. They 
182 
 
are taken in different tests at the same nominal conditions by changing the time delay from fuel 
injection. The field of view covers the first 180 mm of the combustor from the edge of the injector 
ring (white dashed line).  
 
Figure 6.13 Flow regimes in the isolator for an unstarting reacting case.  
 
In Figure 6.13a, the fuel injection has just begun, and the jet momentum ratio is still low. As 
consequence, the fuel is not able to penetrate in deep into the flow and stays close to the wall, 
inside the boundary layer. A non-premixed flame develops at the boundary layer edge (about 6-7 
mm from the wall), where fuel and air are sufficiently mixed. The smooth shape of the OH 
distribution suggests that the boundary layer is mostly laminar in this phase. As the fueling rate 
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increases (Figure 6.13b), the fuel jets interact more strongly with the flow. The flame is still located 
at the boundary layer edge, but the boundary layer in this case is thicker and turbulent as revealed 
by the flame corrugation. Towards the end of the field of view, the flame has propagated up to the 
center of the combustor.   
In Figure 6.13c, the flow downstream is most likely choked and a pseudo shock is starting to form. 
In the mixing region of the pseudo-shock, the rapid mixing, high-temperature and low speed, cause 
the Damkohler number to increase and the combustion transitions from non-premixed to partially 
premixed. The shock propagation continues and in Figure 6.13d it has reached the center of the 
field of view. Upstream the flow is still supersonic with a non-premixed flame confined at the 
boundary layer edge, whereas downstream the flow is subsonic and dominated by turbulent 
combustion. In Figure 6.13e, the shock has reached the injectors and the combustor flow is now 
mostly subsonic. A residue of supersonic flow, surrounded by a non-premixed flame, is still visible 
at the combustor entrance. Finally, in Figure 6.13f, the inlet is unstarted and the flow through the 
axisymmetric scramjet model is entirely subsonic. Most of the OH is concentrated close to the 
injectors where the flame is anchored and the fuel is rapidly burned. 
 
6.5 Summary 
In this chapter, choking and unstart phenomena in a free-jet axisymmetric model scramjet were 
investigated in high-enthalpy conditions. High-speed pressure measurements and plasma 
luminosity visualization were the main diagnostic tools used. The main purpose was to determine 
differences and similarities between the cases of mass-induced and combustion-induced choking. 
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The two cases exhibit remarkable qualitative and quantitative similarities especially for what is 
concerning the isolator behavior. Both mass injection and combustion induce a shock-train in the 
isolator that becomes unstable and eventually cause unstart when the combustor chokes. Shock-
train oscillations and pressure fluctuations were observed in most of the tests performed with 
choked combustor. The frequencies measured were almost double those obtained at the low-
enthalpy. With inlet unstart, both pressure measurements and images revealed large fluctuations 
with a frequency of ~400 Hz, that were not present in the low-enthalpy case.  
The analysis of the pseudo-shock propagation in the choked combustor showed substantial 
differences between the two choking mechanisms. In the mass-choked case, the propagation 
occurred linearly with a nearly constant speed of -20.8 m/s. In the combustion-choked case, 
similarly to the observations in the direct-connect combustor, the propagation was irregular with 
large speed fluctuations between -113.1 and 66.3 m/s. Nevertheless, these differences in the 
combustor dynamics did not affect significantly the isolator flow. 
In the last part of the chapter, the flame structure during combustion-induced choking was 







CONCLUSIONS AND RECOMMENDATIONS 
 
7.1 Conclusions 
This dissertation investigated several phenomena related to unstart in a dual-mode, constant area 
model scramjet engine. The intent was to improve the understanding of the complex interactions 
occurring in hypersonic airbreathing engine during choking-induced unstart. The main findings 
and conclusions of this work are summarized below: 
Main conclusions are: 
 Arc-heated facilities proved to be ideal devices to study these phenomena because of their 
capability to provide realistic enthalpy conditions for prolonged time. A dual-mode scramjet 
is characterized by the presence of large portions of subsonic flow and nearly-static 
recirculation zones. These regions have a much slower dynamics compared to the supersonic 
core and their complete development usually requires some tens of milliseconds at least. A 
test-time well beyond the capabilities of impulsive facilities for example. 
Furthermore, in some cases, it was observed that combustion-induced choking may occur even 
after 100 ms or more of steady conditions. Therefore, a choking criterion based on 
experimental data from impulsive facilities, that have a typical test time of 2-3 milliseconds at 
most, would lead to strongly underestimate the critical equivalence ratio.  
On the other hand, arc-heated facilities are known to be affected by flow contamination from 
species in non-thermodynamic equilibrium (in particular O and NO) and solid particles eroded 
from the electrodes (copper, tungsten and their oxides). These particles, being chemically 
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active, could potentially alter the normal combustion process. These effects are still largely 
unknown and will need to be addressed in future research.  
 A novel mechanism was proposed to explain the role of combustion heat release on choking 
of a reacting flow. The experiments conducted in the direct-connect combustor, showed that 
combustion heating is not effective in rising the stagnation enthalpy of the supersonic core 
flow. Most of combustion, in fact, is confined inside the boundary layer, as revealed by OH-
PLIF images. Measuring the core flow Mach number and stagnation pressure at the combustor 
exit, showed that the Mach number reduction is related to the stagnation pressure losses across 
the combustor in agreement with Fanno theory. This fact suggested a prominent role of 
irreversibilities in lowering the Mach number of the flow and ultimately cause choking. 
 After the supersonic flow is choked in the combustor, a pseudo-shock propagates upstream. 
High-speed flow visualization showed that the propagation is (i) regular and at nearly constant 
speed when choking is caused by mass injection (of an inert gas), (ii) irregular with large 
variations of speed when choking is caused by combustion. 
Furthermore, it was observed that the propagation speed is directly related to the extension of 
the flame in correspondence of the pseudo-shock. When the flame is shorter and brighter, the 
propagation speed increases, when the flame is elongated and with lower intensity, the 
propagation speed decreases. This behavior suggested a strong dependence of the propagation 
speed on the heat addition rate. Such a trend was observed in both direct-connect and free-jet 
configurations of the combustor. 
 Under certain conditions, an interesting oscillatory behavior of the isolator shock-train was 
observed with choked flow in the combustor. These oscillations consist of a periodic 
movement of the shock-train upstream and downstream with a frequency of ~400 Hz in a low-
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enthalpy CO2 flow and ~800 Hz in high-enthalpy air flow. During the oscillations the shock-
train shape alternating transitions from x-type (when propagating upstream) to -type (when 
receding downstream). The shock oscillations are strongly coupled with pressure fluctuations 
propagating throughout the entire model scramjet. These pressure waves originate in 
correspondence of the interaction between the train leading shock and the boundary layer and 
propagates in both upstream and downstream directions.  
 In the past, unstart and pseudo-shock dynamics have been studied extensively in low-enthalpy 
conditions, choking artificially the flow by area blockage or mass injection, pressure throttling, 
etc. Nevertheless, to the author’s knowledge, a rigorous assessment on the validity of this 
approach has never been attempted. In this study, a comparison has been made between 
choking induced by mass injection and choking induced by combustion heat release. The 
correspondence between these two situations was found by matching the average pressure 
distribution in the isolator. The experiments shown that, despite the different shock 
propagation mechanism already mentioned above, the isolator shock-train was only marginally 
affected and followed a similar pattern in both conditions. In the limit of this investigation 
therefore, the study of unstart and shock propagation using choking mechanisms alternative to 
combustion does not seem to be unreasonable. 
 
7.2 Recommendations for Future Studies 
This section proposes some guidelines for the continuation of the research on dual-mode scramjet 
and unstart, based on the experience accrued in this work. 
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 The amplification system used for the pressure sensors had a cut-off frequency of 20 kHz. 
Despite this frequency range was enough to resolve the main dynamical features of the flow, 
the capability to extend the acquisition to higher frequencies, ideally in the hundreds of kHz 
range, would allow to study more in deep the propagation of acoustic and vortical disturbances.   
 Due to a limitation on the maximum number of channel that could be acquired simultaneously, 
the measurements in isolator and combustor have been taken in separated runs in the same 
nominal conditions, keeping fixed only two or three sensors as control. Despite the 
repeatability of the conditions was found to be more than satisfactory, the possibility to acquire 
all the sensors simultaneously would be extremely beneficial for an accurate analysis of the 
results.   
 OH-PLIF revealed interesting characteristics of the flame structure inside the combustor. 
Nevertheless, due to the repetition rate limited to 10 Hz, did not allow to obtain any information 
on the flame dynamics. OH-PLIF in the kHz regime has been successfully tested for the study 
of turbulent combustion in propulsion [164]. However, due to the limitation in laser energy per 
pulse, the successful application of this technique requires to increase significantly the flow 
density. 
 Isolator visualization in high-enthalpy conditions was based uniquely on plasma luminosity 
imaging, that gives a qualitative representation of the flow density. Anyway, providing a line-
of-sight integrated image of the flow, this technique does not allow to study the spatial 
distribution of the density along the optical path. Taking advantage of the natural NO 
contamination in the freestream, NO-PLIF would be an interesting opportunity to obtain a 
planar visualization of the isolator shock-train. 
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 Quantitative measurements in high-speed, high-temperature, reacting flows are extremely 
challenging. In recent years [165], nanosecond laser induced breakdown spectroscopy (nano-
LIBS) has been successfully used for quantitative measurements of flow temperature and 
chemical composition in realistic scramjet conditions. In the framework of the present work, 
nano-LIBS at the exit of the free-jet combustor, would allow to determine the size of the 
boundary layer, by measuring the fuel concentration along a radius. 
 All the inlets used in this work had conical shape. A conical inlet generates a train of shocks 
in the isolator/combustor that perturb both core flow and boundary layer. This poses a 
limitation on the maximum contraction ratio that the flow can tolerate. Switching to a 
contoured diffuser, could reduce the impact of these detrimental effects and allow to extend 
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